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FOREWORD

This report presents the results of the preliminary design (Phase

Ib) of the Primary Adhesively Bonded Structure (PABST) program, Contract

F33615-75-C-3016. The effort described herein was performed by the Douglas

Aircraft Company, a division of the McDonnell Douglas Aircraft Corporation,

with Mr. E. W. Thrall, Jr. as the Program Manager.

This work was sponsored by the Air Force Flight Dynamics Laboratory

(AFFDL) under joint management and technical direction of AFFDL and the Air

Force Materials Laboratory (,AFML), Wright-Patterson Air Force Base, Ohio.

This contract is administered as a part of the Advanced Metallic Structures,

Advanced Development Programs (AMS ADP), Program Element Number 63211F,

Project 486U. Lt. Col Joseph S. Ford is the ADP Manager and Mr. Jamie M.

Florence is the Project Engineer for the PABST program.

This work was performed during the period 19 February 1975 to

15 October 1976.
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SUMMARY

The purpose of the PABST Program is to determine the economic and

technical feasibility of adhesively bonded primary aircraft structure.

The program consists of four Phases. Phase Ib was the preliminary design

phase, Phase II consists of the detail design of the selected concept,

Phase III consists of the fabrication and assembly of the component and

Phase IV performs the fatigue, damage tolerance, residual strength and

ultimate test of the selected component. This report summarizes the results

of Phase Ib of this program.

External loads were generated based on the C-15 design speeds, gross

weights, cargo loading capability and payloads. Internal loads using ideal-

izations based on the skin and stringer concepts and the honeycomb concept

were generated.

Initially five concepts were designed and evaluated consisting of

(A) wide spaced longeron (B) close spaced longeron (C) honeycomb (D) corruga-

tions (E) beads and (F) external longeron employinq fairinqs. Concept (D) was

eliminated early in Phase Ib and the remaining design effort was expanded on

(1) a concept combining concepts (A) and (B), (2) concept (C) and (3) a

variation of concept (F) without the complete aerodynamic fairing, i.e.,

external longeron only and local fairings at each longeron.

The three concepts were analysed for damage tolerance requirements with

the critical points on the fuselage selected on the basis of the internal

loads generated. Four critical points were selected for the internal and

external longeron concept and two points for the honeycomb concept. The
critical points were checked for slow crack growth with a one bay crack and

fail safe conditions with (A) a two bay crack with center stirfener *ntact

and (B) 15" foreign object damage - center stiffener out. A sensitivity

analysis was made for variation in stress level, bonded strap spacing, bonded
strap area and da/dn vs AK material data. Verification of the analysis

methods was made with tests of longeron and honeycomb panels.



Analyses were made for intact adhesively bonded joints for the double-

strap joints used in longitudinal splices, the flush single-strap joints used

in circumferential splices and the peeling apart of the skin and stiffening

elements under internal cabin pressure. Tests were performed and the test

results confirmed the predictions for the bonded joints for the ultimate mode.

An extensive slow cycle testing program at ambient and in hot (1400F)

humid (100% RH) environments was performed to demonstrate that the new

adhesive bonding technology selected had adequate environmental durability.

The test specimens consisted of double strap splices in thin sheet using a 30

minute cycle and a small number of thick adherend specimens using a one hour

cycle.

Slow cycle testing will be done and analyses procedures developed to

demonstrate the strength of flawed bonded joints. These flaws include porosity,

voids, fractured bondline, surface contamination, low bonding temperature,

excessive out time and short cure.

Various structural and environmental tests were performed in the

selection of the bonding system. Surface treatments, primers and protective

coatings were extensively evaluated to find an optimum combination. Tests

were performed to obtain material property data on the candidate adhesives.

The effects of mechanical fasteners through bonded joints were evaluated.

Hole preparation, riveting methods, and interference-fit fastener installation

were areas of investigation. A newer aluminum alloy 7475-T761 was being

considered for some primary structure applications. Data was obtained for
fatigue, fracture toughness and crack growth for this alloy.

Non-destructive inspection methods for adhesive bonds in primary structure

were extensively evaluated. Each non-destructive inspection method was tested

for its ability to detect defects in adhesively bonded assemblies and its

application and limitations. Types of bonded joints were assessed as to their

degree of difficulty for inspection. Studies were begun to select a non-

destructive inspection method for production inspection, in-service inspection

and the acceptable flaw sizes.
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Approximately 600 bonded test specimens and 94 mechanical assemblies

have been fabricated up to this time. The specimens fabricated range from

small coupons used for adhesive system testing to large fuselage panels used

for structural concept verification. Bonding fixtures have been fabricated

to facilitate the manufacture of both curved and flat bonded assemblies.

A production type quality assurance plan was used for the PABST

program. This plan involved a total approach to product quality with an over-

all goal to prove structural integrity and durability of fuselage structure

when manufactured in a production environment. This plan encompassed the

elements of (1) design engineering and release, (2) material procurement,

(3) planning, (4) tooling, (5) fabrication, (6) receiving and inspection,

and (7) engineering test and evaluation. Failure and Rejection Reports

(FRRs) were made on all discrepancies encountered during the fabrication

of Phase Ib components.

To determine the economic viability of bonded structure various

cost aspects were taken into consideration. The acquisition, maintenance

and repair costs were all considered for each configuration. The costing

was an on-going study which was used in the overall process of evaluating

and selecting both design and manufacturing concepts.
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INTRODUCTION

The use of adhesive bonding in components of aircraft structure has

increased dramatically over the last 15 years to the point where most air-

craft delivered today utilize some degrea of adhesive bonding. However,

these applications have been confined p'imarily to secondary structure where

the adhesive bond stress is a low percentage of the adhesive shear strength.

This experience with secondary structure has led to the recognition that

problems with adhesive bond durability, inspection and the effects of defects

must be solved prior to the extensive use of adhesive bonding on primary

structure.

Extensive government and industry exploratory development programs over

the past few years have resulted in improved adhesives, primers and surface

preparation, as well as improved laboratory test techniques that can closely

simulate the type and nature of service experience. In addition, non-

destructive inspection techniques for adhesive bonds have been vastly im-

proved. These developments have provided confidence that a final validation

program should be pursued to prove the adequacy of adhesive bonding for

primary structure.

A series of interrlated Air Force sponsored programs have been con-

structed to obtain additional bond durability data on coupons and components,

provide data on sonic fatigue resistance of bonded structure and develop the

necessary manufacturing, field and depot repair methods, and the verification

of bondline defects.

In February of 1975 the Douglas Aircraft Company, under contract to the

Air Force, initiated a technology validation program for primary adhesive

bonded structures (PABST). This program was to perform a preliminary design,

perform detail design, fabricate test articles and perform coupon, component

and full scale fatigue, static and damage tolerance testing. The baseline

configuration was fifty-two (52) foot section of the fuselage of the YC-15

airplane. See Figure 1. The objective of PABST was to validate that appli-

cation of adhesive bonding could result in substantial cost and weight

5
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savings when compared to conventional fabrication techniques, while providing

significant improvements in structural safety and durability. This report

documents the results of the Phase Ib Preliminary Design effort.
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STRUCTURAL DESIGN

The design effort for Phase Ib consisted of three tasks. First a formu-

lation and evaluation activity determined those structural concepts with a

significant pay-off potential for an AMST class of fuselage. This task con-

cluded with the selection of three (3) concepts which were to be continued

through preliminary design. Concurrently, a baseline airplane was defined

that made maximum utilization of the YC-15 program as the baseline data

source. At the conclusion of these tasks, a design activity was conducted

which led to the generation of three preliminary design layouts of the ADP

component based on selected and approved concepts. These three preliminary

designs were developed to equivalent levels of detail.
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Baseline Fuselage

A side view of the baseline fuselage is shown in Figure 2 . This base-

line fuselage consists of a nose section, forward of station 439, and a cargo

compartment section, aft of station 439. Most of the fuselage shell is cylin-

drical with a constant 108 inch radius circular cross section starting from

station 516 and running to station 992.5 aft. Forward of station 516 to

station 330, the shell is conical (out of round) in cross sectional shape. In

the cargo compartment section, a trapezoidal wing box mounts to the upper por-

tion of the fuselage between stations 703 and 847. The cargo compartment

floor extends aft from station 439 to station 987 at a constant height,

z = -75.70. This floor continues forward to intersect a vertical pressure

bulkhead in the nose section at station 366. This vertical pressure bulkhead

seals off the lower half of the fuselage shell up to z = -26 where it then

runs horizontally forward to station 330. A crew entrance door is located at

the cargo compartment floor level in the nose section between stations 394

and 430. An emergency evacuation door is located in the cargo compartment

section about 18 - 22 inches above the floor between stations 559 and 583.

Two escape hatches are located on the upper fuselage centerline between

stations 607 and 631 and stations 943 and 967. Keels are located under the

floor of the cargo compartment at x = + 21. Access to the area under the

floor is provided by a hell hole door located between keels on the lower

centerline of the fuselage between station 799 and 823. Two (2) windows on

each side are provided between stations 559 and 583 and stations 943 and 967.

In the nose area, a pilots floor is provided at z = -3.075 which runs from

station 330 aft to station 439.

The semimonocoque baseline fuselage is structurally similar to the inter-

nal longeron concept, except that mechanical fasteners are used instead of

bonding. Because of this difference, the baseline longerons are Z-sections

and fuselage frames are attached to the shell by means of angle-section shear

clips. Titanium tear stoppers are provided under each fuselage frame shear

clip, Two 7075-T6 longitudinal tear stopper straps are provided externally

on the side of the shell where the longerons are wide spaced.

1PRECEDIiV PAGE ELAMO-1IOT FILMED
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Full Scale Demonstration Component

A view of the component is shown in Figure 3. This component consists

of a nose section, forward of station 439, and a cargo compartment section,

aft of station 439. Most of the fuselage shell is cyli;,drical with a constant

108 inch radius circular cross section starting from station 516 and extend-

ing aft to station 871. Forward of station 516 to station 367 the shell is

circular in cross sectional shape, while the lofted shape from station 367 to

station 516 is a circular arc. In the cargo compartment section, a rectangu-

lar wing box mounts to the upper portion of the fuselage between stations 703

and 847. The cargo compartment floor extends aft from station 367 to station

875 at a constant height, Z = -75.7.

The extruded floor planks extend from X = + 25 to the side of the

fuselage; i.e., the center approximately four feet of fuselage width has no

floor planks. The open area located at the fuselage centerline has several

advantageous features.

' The amount of planking installed is sufficient to provide the

necessary load paths and stiffness requirements for the component

while minimizing fabrication and installation costs.

0 Installed planking will provide sufficient data for cost analysis

purposes.

o The open center section provides easy access to the under floor area

for manufacturing, inspection, engineering, and test personnel.

A crew entrance docr is located at the cargo compartment floor level in

the nose section between stations 391 and 427. Keel members (extruded

channels) are located below the cargo floor and mechanically fastened to the

top of the inner flange of the frame members at X = + 25.

One window is provided on the left side of the fuselage just below

longeron 9 between stations 559 and 571. The "window" is a cutout (8.50

inch dia.) in the skin with an aluminum sheet simulating the clear plexiglas

window. This approach provides the desired anomaly (a cutout in the exterior

13



FIGURE 3. FULL-SCALE DEMONSTRATION COMPONENT
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skin) while minimizing the cost impact on the program.

The semimoncoque fuselage component is structurally similar to the

internal longeron concept above the floor including longeron 10 and to the

external longeron concept below the floor. Three 7475-T761 longitudinal tear

stoppers are provided externally on the fuselage side where the longerons

are wide spaced. Two tear stoppers are located between longerons 8 and 9.

The panel assembly between longerons 9 and 10 has one tear stopper below
1ongeron 9 and a bonded longitudinal splice which functions as a tear stopper

located close to longeron 10.

15



Formulation and Evaluation Studies

Five concepts were initially formulated and evaluated. These concepts,

shown in Figu-e 4, were (A) wide spaced longeron (B) close spaced longeron,
( honeycomb (D)corrucations (E) beads and (F) external longeron employing fair-

ings. Evaluation of these concepts was sufficient to determine those concepts

with a significant pay-off potential for the AMST class of fuselage.

Of the five concepts formulated, beads and corrugations were determined

to have the least pay-off potential. Their advantages over conventional

structure were the higher shear allowables for a panel of equal skin gage,

fewer parts, and more uniform axial load distriuution. The bead height was
restricted due to material stretch forming limitations. Weight advantage of

the beaded section under axial load was lost at the frame where the beads

were flattened and produced eccentric loading. The transition from beads to

corrugation required a frame. Corrugation end fittings caused problems in

installation. Corrugation splices were difficult to make because of align-

ment and nesting problems. Joggles in the corrugations were impractical.

The shear tie between the fuselage frames and the skin was difficult with

corrugations. Both beads and corrugations are closed sections which are

difficult to inspect and repair and which present moisture traps that can

lead to corrosion.

The honeycomb concept was competitive with conventional structure because

of reduced number of parts, better failsafe capability, and doublers could be

buried in between the face sheets to provide a more uniform bonding surface.

In addition, the minimal number of frames simplified placement of unique items

within the structure. The primary disadvantage of honeycomb was its suscep-

tability to foreign object damage. Other possible problems were splice areas

edge members, and repair problems. However, due to the potential reduced

cost payoff, honeycomb was selected as one of the three concepts for

continued evaluation.

The external longeron concept had many structural disadvantages when

external fairings were considered to reduce the aerodynamic penalty. Thus,

17

PRECEDIl PAGE BLANK..N-OT FILMED



A1. ID-PCE LOGRND ORGTO

B.[~ CLS-PCDLNEO BED

a.~

. IDE-SPCD XTRA LONGERONDCORGTN

FIGURE4 ~ INTA DEIG COCET

1 /18



visual inspection and NDI were more difficult; close out areas were more com-

plex; light fairings were more susceptible to field damage; tooling and manu-

facturing costs were increased. Without fairings, the concept of external

longerons was competitive with the other concepts. Frames, pressure bulkhead

caps and floor support bulkhead would attach directly to the skin. Continuous

frames without longeron cutouts would delete the need for circumferential tear

stoppers. An evaluation was made to quantify the aerodynamic penalty for

external longerons with and without fairings, See Appendix A. Because of

the structural potential of external longerons without fairings and with

knowledge of the aerodynamic penalty, this concept was selected and approved

as one of the final concepts for continuation through preliminary design.

Close and wide spaced bonded longeron concepts were about equal in

their potential payoff for an AMST class of fuselage. The close spaced

longeron concept was similar to conventional structure except bonding re-

placed mechanical attachments. This similarity gave a high degree of confi-

dence in the structural arrangement and structural integration for close

spaced longerons. Wide spaced longerons required fewer cutouts in the frames.

Thus, the frame-to-skin shear tee could function as a crack-stopper and

simple tooling would be required for bonding. Each of these concepts were

continued through preliminary design. They were combined so the best advan-

tages of each would be utilized. Thus, close spaced longerons were used for

the upoer and lower shell where longitudinal loads were highest. Wide spaced

longerons were used for the side of the shell where the shear loads were high.
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Preliminary Design Studies

Based on the formulation and evaluation studies, concepts selected and

approved for preliminary design were (1) the internal longeron concept, (2)

the external longeron concept, and (3) the honeycomb concept. Preliminary

design layouts for these three concepts were generated to an equivalent level

of detail which included general structural arrangement, structural sizing,

splices, intersections, cutouts, and interface problems. Supporting trade

studies for these preliminary design layouts are included in Appendix A. It

was assumed, for all concepts, that floors, floor bulkheads, keels, pressure

bulkheads and wing box structures were common items which would be made

similar to the baseline structure.

Internal Longeron Concept. - The internal longeron concept general arrange-

ment is similar to the baseline, shown in Figure 2 . Basic frame spacing in

the cargo compartment (stations 439-987) is 24 inches. Floor support bulk-

heads are at stations 439, 463, and every 48 -inches thereafter to station 987;

i.e., every other frame station. Aluminum 7475-T761 tear stoppers are

provided under each longertn for fail-safe requirements. Two longitudinal

straps are also provided on the side of the fuselage to give added fail-safe

capability where the longerons a-e wide spaced. Light frames are provided

between the 24 inch spaced frames ot, the side of the fuselage where the

longerons are wide spaced in order t. increase the initial buckling stress of

the thin skins. In the nose area b;etw . stations 330 and 439, frames are

spaced at 9 inch intervals to res A. bendi,- moments induced by cabin pressure

in the out-of-round section. These frames are not cut-out for longeron

continuity as in the cargo compartment.

Skin Panels:- Skin panels for the internal longeron concept are shown in

Figure 5, Mechanical splices are denoted by M and bonded splices are de-

noted by B. Longitudinal mechanical splices were set at maximum distances

based on a manufacturing constraint for handling that limited the bonded

panel sizes to a maximum arc segment of 96 degrees. Longitudinal bonded skin

splices within the boundaries of the longitudinal mechanical skin splices were

determined by a vendor manufacturing constraint on the skin width of 94 inches

for 0.050 inch thick skin. A transverse mechanical splice is provided at the

boundary between the fuselage constant section and double contoured section

21
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to accomodate the separate tooling required for the nose section. Transverse

mechanical splices are also provided at the front spar, rear spar, and drag

link frame so the external loads from the wing and main landing gear will

have a direct path into the frames. In the nose section, transverse mechani-

cal splices are provided so the door panel can be made as one piece to simpli-

fy manufacturing.

Minimum skin thickness over the entire fuselage was set at C.050 inch

based on foreign object impact considerations. All skin material is 7475-T761

bare aluminum alloy. Skin thickness ranges from a minimum of 0.050 inch in

the area forward of the wing to a maximum of 0.10 inth between the rear spar

and drag link frames where shears are high due to landing loads induced by the

main landing gear and flight loads induced by the wing.

Fuselage skins are stiffened longitudinally by extruded J-section longer-

ons. These sections are 7075-T6 aluminum extrusion material. They are

spaced about 13 inches on center for the upper and lower shell. One longeron

breaks up the side shell at 75 inch spacing. Typical dimensions for the in-

ternal J-section longerons are shown in Figure 6 for a longeron at a bonded

splice and a basic longeron. Overall longeron height is 1.25 inch for the

basic longeron and 1.35 inch for the splice longeron. A J-section longeron

was chosen in preference to the more efficient Z-section longeron since it

was better suited for the bonding process adopted for the PABST Program. Thus,

bonding pressure applied in the autoclave to the outstanding flange of the

J-section will produce more uniform bonding surface pressure if the flange

against the skin is symmetrical with respect to the longeron web.

Typical skin splices required for the internal longeron skin panels are

shown in Figure 7. They consist of longitudinal and transverse skin splices

for both mechanical and bonded joints. Longitudinal bonded skin splices are

double lapped joints that consist of an inner and outer bonded splice plate

with a longeron bonded along the centerline of the splice. The longitudinal

mechanical splice is also a double lapped splice. For this splice the splice

plates are cold bonded to the skin and alio nwchanically attached with two

rows of 0.188 inch diameter lockbolts spaced about 1.25 inches on center.
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The transverse bonded and mechanical splices are flush with respect to the

outside surface because of aerodynamic considerations. Two inner doublers,

one thick and one thin, join the skins together. These doublers are stepped

in order to produce a more uniform load transfer. For the transverse mechan-

ical splice, doublers and skin are cold bonded together. Two rows of 0.188

inch diameter lockbolts spaced at 1.25 inch on center tie the thick and thin

doublers to the skin. A lead row of 0.188 inch diameter lockbolts spaced

2.5 inch on center tie the thin doubler to the skin.

Frames:- Transverse stiffening for the fuselage shell is provided by frames.

A typical fuselage frame in the cargo compartment is shown in Figure 8 for

the internal longeron concept. A frame tee with cutouts to provide longeron

continuity is bonded to the skin. A Z-section frame is attached to this shear

clip by means of 0.188 inch diameter rivets spaced about 1.0 inches on center.

Mechanical splices for the frames are staggered with respect to skin splices

as shown. Frame-shear clip height is 4.75 inch in the nose section and 4.95

inch in the cargo compartment section as shown in Figure 9. Frame thickness

is 0.030 inch in the nose section and 0.063 inch in the cargo compartment

except under the wing where it is 0.080 inch. Frames are rolled 7075-T6

material. The floor support bulkhead frames are extruded 7075-T6 channel

sections. The frame shear clips are 7075-T6 extruded T-sections.

Intersections:- A typical intersection, in the cargo compartment, for frames

and longerons, is shown in Figure 10. A 7475-T761 aluminum tear stopper is

bonded under the longeron. This tear stopper is tabbed where it intersects
the frame tee. The frame tee, is cutout at this intersection to allow a
continuous longeron. It is joggled to fit on top of the tear stopper so that

load path continuity is provided through the cutout. A mechanically fastened

shear clip ties the longeron to the frame to provide rolling stability.

On the sides of the fuselage shell where the longerons are wide spaced,

intermediate frames are provided between the ?4 inch spaced frames. These

intermediate frames run from longeron 8 to longeron 10 at the cargo floor.

A typical intersection for an intermediate frame at longeron 8 is shown in

Figure 11. The internal mechanical splice plate at longeron 8 is cutout so

that it will fit over the intermediate frame tee when the skin panels are

26
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mechanically joined together. Two back-to-back splice angles tie the inter-

mediate frame and the flange of longeron 8 together with 0.188 inch diameter

lockbolts.

A typical intersection for the nose frame and longeron is shown in

Figure 12. The longeron stops short of the frame tee flange against the

skin. This assembly is hot bonded. The frame is then mechanically fastened

to the frame tee with aluminum rivets. Two back-to-back angles mechanically

fasten the flange of the longeron against the skin and the vertical web of

the longeron to the flange of the frame tee.

LONGERON

FIGURE 12. TYPICAL NOSE FRAME AND EXTERNAL LONGERON INTERSECTION
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A typical intersection for the nose frame and bonded skin splice is

shown in Figure 13. The nose frame tee stops short of the skin doublers.

The skin, skin doublers, and frame tee are hot bonded together. After bond-

ing, the frame is installed with aluminum rivets. Two back-to-back angles

and a filler plate are used to splice the frame tee across the bonded skin

splice. Flush 0.188 inch diameter lockbolts tie the angles to the frame tee,

skin, and skin doublers. Aluminum rivets tie the angles and filler plate to

the vertical frame tee and frame web.

2,X

>< FRAME

LUNWTUDINAL SPL:CE -

FRAME TEE SPLICE

FIGURE 13. TYPICAL NOSE FRAME AND BONDED SKIN SPLICE INTERSECTION
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Wing-Fuselage Interface:- The fuselage attaches to the lower wing surface

between station 703 and 847 by means of a titanium T-section flex joint shown

in Figure 14. The fuselage skin bolts directly to this T-section as shown.

Machined posts extend from the front and rear spar frame to pick up trapezoi-

dal panels that bolt to the wing spars. Wing vertical shear and torque are

reacted through these machined posts to the fuselage. Fuselage longitudinal

loads are transmitted through the wing box at the intersection of the wing

ribs and fuselage. Typical fuselage hardpoints for these ties are shown in
Figure 15, for the front spar.

I,.__ , SmE AR

_ I i* ~ PANEL

LOWER LL WING

LOWER --
WING __ " _

SKIN
SHEAR PANEL "2

WING/FUS TEE FUSELAGE I
SKIN

SPAR FRAME
STA 847

FIGURE 14. INTERNAL AND EXTERNAL LONGERON WING/FUSELAGE INTERFACE
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External Longeron Concept - This concept is identical to the internal

longeron concept with respect to general arrangement (Figure 2), skin panel

sizes and skin gages (Figure 5), skin splices (Figure 7), and wing fuse-

lage interface (Figure 14). The basic difference is that the longerons are

on the outside surface of the fuselage shell which permits simpler design

particularly of the frame-to-longeron intersections. The longerons are
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bulbed T-sections which were selected in preference to a plain T-section be-

cause of the increased compression allowable strength. Typical dimensions

are shown in Figure 16 for a basic external longeron and a longeron at a
bonded splice. Overall longeron height is 1.205 inch for the basic longeron

and 1.708 inch for the splice longeron. The longerons are 7075-T6 aluminum

extrusion material. They are spaced exactly the same as the internal 1ongerons.
Thus, about 13 inches on center for the upper and lower shell and 75 inches

on the side of the shell.

Frames:- Figure 17 shows a fuselage frame that is typical for both the nose

section and the cargo compartment. The frame consists of a continuous ex-

truded T-section outer cap which is bonded to the skin panel and a rolled
section which is mechanically fastened to the extruded T-section by means of

0.188 inch diameter rivets spaced about 1.0 inch on center. Overall frame
height is 4.75 inches. Frame thickness is 0.050 inch in the nose section

and 0.063 inch in the cargo compartment section. Frame material is 7075-T6

aluminum alloy.

Wing-To-Fuselage Interface:- Fuselage load continuity through the wing cut-

out area is provided at the wing ribs. Typical hardpoints for the external

longeron concept are shown in Figure 18 at the intersection of the fuselage
with the wing front spar. The centerline hardpoint consists of a machine

tapered T-section which splices to the external centerline longeron and
shears the load directly into the wing skin at the centerline wing rib. Off

the centerline, the wing skin is higher than the fuselage skin at the wing
and fuselage intersection. In this area, the fuselage load is transferred to
the wing by a machined tension T-section spliced to the external longeron.

Honeycomb Concept.- The honeycomb fuselage design concept is shown in

Figure 19. Basic frame spacing in the cargo compartment is 48 inches. This

spacing corresponds with the spacing of the floor support bulkheads. Tear
ji stoppers are provided on the internal honeycomb face sheet between cargo

compartment frames for fail-safe requirements except under the wing where
frame spacing is 24 inches as a result of the bending moments induced by

vertical loads on the wing. In the nose area frames are spaced at 18 inch

intervals to resist bending moments induced by cabin pressure in the out-of-
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FIGURE 19. SIDE VIEW - HONEYCOMB CONCEPT

round section.

Skin Panels:- Honeycomb skin panels and skin gages are shown in Figure 20.

Longitudinal mechanical splices were set at maximum distance based r:, a

manufacturing constraint which limited the bonded panel sizes to an arc seg-

ment of about 96 degrees. Longitudinal bonded skin splices within the bound-

aries of the longitudinal mechanical splices were determined by a vendor

manufacturing constraint on the skin width of 60 to 62 inches for 0.020 inch

thick aluminum sheet. A transverse mechanical splice is provided at the
boundary between the fuselage constant section and double contoured section

to accomodate the separate tooling required for the nose section. Transverse

mechanical splices are also provided at the front spar, rear spar, and drag

link frames so that the external loads from the wing and main landing gear

can be introduced directly into these frames.
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FIGURE 20. SKIN PANELS - HONEYCOMB

The basic minimum face sheet thickness over the entire fuselage is 0.032

inch for the outer face sheet and 0.020 inch for the inner face sheet. All

skin material is 2024-T3 bare aluminum alloy. The 0.032 inch outer face

sheet thickness was set to minimize foreign object damage. The 0.020 inch

inner face sheet thickness was determined as minimum based on handling consi-

derations. In the nose belly area, outer face sheet thickness was increased

to 0.040 inch because of the higher likelihood of foreign object impact due

to particles impelled by the nose landing gear. In the area of the wing and

aft, the 0.040 inch thick material shown in Figure 20 was required for both

inner and outer face sheets because of strength and cra. . propagation require

ments.
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The honeycomb core is basically 0.80 inch thick hexagonal cell. Core

material is 5056 non-perforated, corrosion resistant aluminum, having a den-

sity of 3.4 pcf corresponding to a cell diameter of 0.250 inch and a cell

wall thickness of 0.0015 inch. Typical core splices and core machine cuts

are shown in Figure 21. At machined cut areas the core is machined on both

sides so all doublers required for the face sheets can be buried between the

outer and inner face sheets. This provides a smooth internal surface to fac-

ilitate the bonding of required intercostals and frames. Core splices were

determined primarily because of handling requirements.

~~E XTE RNAL.,-

"r' r--NTERNAL

330..... ..

- I ... I". .. .... ... ." I

. . M....N

"I." . , I.. .... ...:

'K lI
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INTENALN;X:ENA II

b20

FIGURE 21. HONEYCOMB - TYPICAL CORE SPLICES AND MACHINED STEPS
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Typical splices required for the honeycomb skin panels are shown in

Figure 21 & 33. They consist of (1) transverse and longitudinal bonded skin

splices, (2) transverse and longitudinal mechanical panel splices, (3) a

frame T-section splice and (4) a crack stopper splice. For transverse bonded

or mechanical splices, the outside surface skin splice is required to be flush

to minimize drag. This requires an undercut in the outside surface of the

core. Longitudinal splices are not required to be flush on the outside sur-

face. Therefore, the mechanical splice is a simple inner and outer splice

doubler. The bonded longitudinal splice is flush on the inner skin panel

surface so a smooth surface can be maintained for bonding of the frame T-

section to the inner face sheet of the honeycomb skin panel. This requires an

undercut in the inside surface of the honeycomb core. At the direction of

the USAF, in all cases when mechanical fasteners are used to join honeycomb

skin panels, solid aluminum blocks are provided to prevent the entrapment of

moisture and resulting corrosion in the honeycomb core. All splice fasteners

are titanium 0.188 inch diameter lockbolts. All mechanically spliced doublers

are cold bonded. The faying surface seal for the mechanically spliced

doublers of the full scale demonstration components will be applied per

MIL-S-81733 Type IV-12.

Frames: - A typical frame/bulkhead cross-section for the honeycomb concept is

shown in Figure 23, The frame material is 7075-T6 aluminum with a depth of

4.75 inches and a thickness of 0.050 inches. The frame is attached to the

honeycomb skin panels by means of a T-section hot bonded to the inner face

sheet of the panel. The formed frame is mechanically fastened to the T-

section with 0.188 inch diameter rivets spaced about 1.0 inches on center.

Mechanical splices for the frames and skin panels are staggered as shown

in Figure 24.

Fuselage Cutouts: - Fuselage cutouts are reinforced by a machine edge member

shown in Figure 25 for the crew entrance door. This edge member is bonded

directly into the honeycomb skin panel. Two inner and two outer face sheet

doublers are provided around the cutout in addition to the edge member. One

set of doublers distribures the concentrated corner stresses into the skin

panel. The other set of doublers distributes the overall shear stresses

around the cutout.
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FIGURE 22. IHONEYCOMB -SKIN AND PANEL SPLICES
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Wing-Fuselage Interface:- The fuselage attaches to the lower wing surface
between stations 703 and 847 by means of a titanium T-section flex joint
shown in Figure 26. The honeycomb fuselage skin is bolted directly to this
T-section as shown. Machined posts extend from the front and rear spar
frames to pick up trapezoidal panels from the wing spars. Wing vertical shear

and torque are reacted through these machined posts to the fuselage. Fuselage
longitudinal loads are transmitted through the wing box at the intersection
of the wing ribs and fuselage. A typical fuselage hardpoint is shown in
Figure 27, at the center-line of the fuselage. Two machine tapered plates
are bonded inside the honeycomb skin panel along with an inner and outer skin
doubler. Wing splice plates and fittings are bolted directly through the

fuselage skin at hardpoints such as this.

' "

SHEAR
rpPANEL;7--

LOWER LL WING

LOWE R

WING
SKIN

WING/FUIS TEE

• / -- OU TE R
/ FAC.

INNER FACE SHEET SHEET

FIGURE 26. HONEYCOMB - WING/FUSELAGE
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FIGURE 27. HONEYCOMB FRONT SPAR TO FUSELAGE INTERFACE
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Weight Analysis

Concept weights were determined on a consistent basis in order to

provide a valid weight comparison. All items that varied significantly

between concepts were identified and provided with an accurate weight

variance. These items and those varying relative to a mechanically fastened

Baseline were called "participating structure." "Non-participating

structure" was typical aircraft structure which was essentially unchanged

between concepts. Dummy structure was non-typical aircraft structure.

For the weight cost comparisons, the ADP component was assumed to run

from fuselage station 366 to 992.5. This section of fuselage has a lateral

surface area of 2708 ft2 not including 27 ft2 of doors and windows and the

cutout for the wing.

Weight Comparison of the Bonded Concepts. - The weight breakdown for the

internal, external, and honeycomb concepts are shown in Table 1. The break-

down includes both participating and non-participating structure.

Participating Structure: - The skin and doubler weight for the Honeycomb con-

cept is 12 percent lighter than that of the bonded longeron concepts, Table 1.

Table 2 shows a detailed weight summary of the items which are included in

the splice and attach weight. The honeycomb concept splices are over four

times heavier than the internal or external longeron concept splices. Total

adhesive weights for the ADP component are presented in Table 2 also.

The weight of the inserts and edge members required by the honeycomb

concept are listed in Table 3, and Table 4 presents the detail weight break-

down for the frames and clips. The honeycomb frame weight is significantly

lighter than the other concepts because it only has fifteen frames versus

twenty-seven for the internal and external longeron concepts since all frames
aft of Sta 439 are omitted that are not floor support bulkheads or under the

wing.
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TABLE 3

HONEYCOMB CONCEPT

INSERTS AND EDGE MEMBERS DETAILED WEIGHT SUMMARY

WEIGHT (LB)

FORWARD ENTRY DOOR FITTINGS 21

EMERGENCY EXIT DOOR FITTINGS 9

HELL HOLE DOOR FITTINGS 7

DITCHING HATCH FITTINGS (2) 14

MAIN LANDING GEAR POD PROVISIONS 35

WING FAIRINC PROVISIONS 35

MAIN LANDING GEAR DRAG LINK PROVISIONS 40

UNDERWING EDGE MEMBERS 33

STA. 703 & 847 WING CUTOUT EDGE MEMBERS 34

TOTAL INSERT & EDGE MEMBER WEIGHT 228
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TABLE 4

FRAME AND CLIPS DETAILED WEIGHT SUMMARY

INTERNAL EXTERNAL
LONGERON LONGERON HONEYCOMB

FWD OF STA 439 FWD OF ISTA 439 FWD OF STA 439
STA 439 AND AFT STA 439 AND AFT STA 439 AND AFT

FRAME 124 612 124 572 54 286

FRAME TEE 75 0 75 348 34 190

SHEAR CLIP 0 352 0 0 0 0

B"TTERFLY CLIP 0 47 0 0 0 0
*

FRAME SUPT. INTERCOSTALS 0 0 17 73 5 26

TOTAL 199 1011 216 993 93 502

WEIGHT(LB) 1210 1209 595

intercostals are charged to longerons since they carry axial load.
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Non-Participating Structure: - A weight summary of the items comprising the

non-participating structure is presented in Table 5 based on the forward

pressure bulkhead being located at Station 366. Most of these weights are

YC-15 values, changed where practical, to reflect PABST modifications.

Dummy Structure: - Final dummy structure weights are not available at this

time. However, the dummy wing structure (including the over wing barrel) and

the transition structure aft of Station 992.5 are roughly estimated to weigh

6,000 lb and 2,000 lb, respectively. Addition of the dummy structure to the

participating and non-participating structure brings the total ADP component

weight to over 20,000 lb.

Weight Summary: - As shown in Table 1, the honeycomb concept, relative to the

bonded longeron concepts, was approximately 300 lb lighter in skin and

doubler structure and 800 lb lighter in longitudinal and circumferential

stiffening. However, the honeycomb concept required over 1,000 lb of edge

members and inserts and about 300 lb of adhesive at the two face sheet bond-

lines. Thus, the honeycomb concept was over 200 lb heavier than either the

internal or external concepts.

Baseline Weight. - The final Phase Ib Baseline was defined as the internal

longeron concept with mechanical fasteners rather than adhesives as the

primary means of attachment.

As presently designed, the internal longeron concept skin and doublers

would not appear to offer any weight saving relative to the Baseline and the

weight difference between the longerons appears to be small. It was estimated

that the Baseline fail-safe provisions and frames would be 119 lbs. lighter

than the corresponding internal longeron concept items.

The present weight estimate shows that the Baseline was approximately

100 lb lighter than the internal longeron concept.
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TABLE 5

NON-PARTICIPATING STRUCTURE WEIGHT SUMMARY

WEIGHT (LB)

WING/FUSELAGE ATTACH STRUCTURE 252.5

PAINT & MARKINGS 113.4

SEALANT-NOSE 13.5

FLIGHT DECK FLOOR SUPPORT 100.5

FORWARD ENTRANCE DOOR 135.1

STA 366 PRESSURE BULKHEAD 384.3

FWD ENTRANCE DOOR JAMB 52.7

STA 366 FLOOR BEAM 38.0

MISC. DOORS, SEALANT & DITCHING HATCHES 216.6

EXIT DOOR, HELL HOLE DOOR, MLG FITTINGS & INTERCOSTALS 189.1

CARGO FLOOR 2411.1

WINDOWS 45.0

FLIGHT DECK FLOOR PANEL 28.3

MAIN LANDING GEAR (STA 847 & 895) AND

FRONT SPAR (STA 703) FORGINGS 1478.0

KEEL 387.8

TOTAL NON-PARTICIPATING STRUCTURE WEIGHT 5845.9
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STRUCTURAL ANALYSES

In Phase Ib,structural analyses were conducted of the PABST fuselage for

fatigue, fail safe, damage tolerance and static strength conditions. The

external loads were developed to reflect the design weights, payloads and

center of gravity envelopes of the production YC-15. The internal loads were

generated using structural idealizations of the internal/external skin-longeron

concept and the honeycomb concept.
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Design Criteria

A summary of C-15 design weights and basic design parameters applicable

to PABST are shown on Table 6 with the empty weight breakdown on Table 7.

For purposes of external loads the PABST incremental fuselage weight changes

do not significantly effect the overall aircraft weights.

The airplane center of gravity envelope is shown on Figure 28 with the

Operating Weight Empty (OWE).

Maximum Fuel capacity is 77,714 lbs. with 47,097 lbs. in the exposed

wing tanks and 30,617 lbs. in the center wing tank. The maximum STOL land;Ig

fuel weight is 20,000 lbs.

The basic design payloads consist of all vehicles and bulk and palletized

cargo within the aircraft center of gravity envelope up to the design payloads.

The maximum payload for CTOL is 62,100 lbs. and the maximum payload for STOL

is 27,000 lbs.

The C-15 cargo floor loading criteria are shown on Figure 29 with an

explanation of the derivation of each loading.

Figure30 contains vehicle axle load diagrams which were established

from a survey of military vehicles within the STOL and CTOL design envelopes.

The most critical payloads for the C-15 ultimate strength criteria are

tabulated in Table 8.

FRECEDIM PAGE ELANK-14OT FIU4D
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TABLE 7

Empty Weight Breakdown

WEIGHT (LB)

Wing 20,747
Horizontal Tail 3,110
Vertical Tail 3,345
Fuselage 26,999
Landing Gear 8,832
Flight Controls 3,427
Propulsion System 21,075
Fuel System 1,242
Auxiliary Power Unit 976
Instruments 1,588
Hydraulics 1,720
Pneumatics 583
Electrical System 1,807
Avionics 2,182
Furnishings 3,986*
Air Conditioning 883
Ice Protection 286
Handling Gear 2,214
Test Instrumentation XX

MANUFACTURER'S EMPTY WEIGHT (MEW) 105,000

OPERATIONAL ITEMS 4,505

OPERATORS EMPTY WEIGHT (OEW) 109,505

*Includes cargo loading system (rollers, channel, restraint fittings, et
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PALLETIZED AND BULK CARGO

TRACKED VEHICLES

630 (3) 880

CTOL _ 420 LB/IN

(2)
ST ) 250 LB/IN (5)

188 LB/IN 188 LB/IN (4)
S117,5 LB/IN

II I
439 703 847 982 1124

(2)
STOL 250 LB/IN

167 LB/IN 167 LB/IN 7£ /N

439 703 847 982 1124

FUSELAGE STATION

(1) MIL-A-008865A (2,000 LBS/FT 167. LBS/IN)
(2) MIL-A-008865A (3,000 LBS/FT = 250 LBS/IN)

(3) M11OE2 HOWITZER (62,100. LBS + 148. IN = 420. LBS/IN)
(4) MILITARY PALLET (10,350 LBS + 88 IN. = 117.5 LBS/IN)

(5) MIL VAN (45,000 LBS 240 IN = 188 LBS/IN)

FIGURE 29. CARGO LOADING CRITERIA
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11,000 LBS 10,000 LBS

511 982

18,000 LBS

STOL

439 1124I 4,500 LBS 4,500 LBS

FUSELAGE STATION (IN.)

FIGURE 30. VEHICLE AXLE LOADING CRITERIA
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TABLE 8

PABST PAYLOADS

DESCRIPTION PAYLOAD NUMBER

FWD C.G. AFT C.G.

MINIMUM WEIGHT FOR FWD. & AFT C.G. 1

E MAXIMUM PAYLOAD (62,100 LBS.)
DUMBELLED 2 3

0 MAX. SHEAR @ FRONT SPAR 4
w

PAYLOAD FOR MAXIMUM FUEL (31,155 LBS.)

LUMPED 5 6

MAXIMUM STOL PAYLOAD (27,000 LBS.)

DUMBELLED 7 8
"" MAX. SHEAR @ FRONT SPAR 9

w 62,100 LB. HOWITZER 10
-I-.Cou

- 15K FORKLIFT + 2-1/2T TRUCK (62,000 LBS.) 11 (26,000 LB. AXLE FWD.)
L&i

8T GOER + 2-1/2T TRUCK (61,370 LBS.) 12 (22,450 LB. AXLE FWD.)

"1 27,000 LBS. GOER 13

u"- 27,000 LBS. CARGO CARRIER 14
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External Loads

Flight Loads. - Flight Loads were developed for the PABST C-15 fuselage in

conformance with the MIL-A-008860A series specifications for the basic air-

craft design parameters listed in Table 6.

For conditions in which the airframe flexibility is negligible, the

fuselage shears, moments and torques were generated by the Fuselage Loads

program which sums the applied loads at each fuselage check station. In

addition, the Fuselage Loads program was used to investigate each of the pay-

loads in Table 8 for discrete gust loading as a function of speed and altitude.

The conditions selected for internal loads analysis are shown in Table 9.

The Continuous Turbulence Analysis program was used to investigate power

spectral density gust loads, but these were not critical for the fuselage.

The limit pressure differential between the pressurized portions of the

fuselage and the ambient atmosphere are

(a) 7 psi + .15 psi valve tolerance + local aerodynamic loads

(b) -1.0 psi collapsing pressure + maximum flight loads

(c) 1.33 x 7.15 psi + lg ground loads

The local aerodynamic loads were derived from wind tunnel pressure distri-

butions from previous aircraft models. All flight conditions are checked for

full pressurization and zero pressurization.

Fuselage internal loads were developed for Aerial Delivery conditions

during the original YC-15 design. these were not found to be critical forward of

the Station 982 frame. Consequently these have not been included in the

present ADP analysis.

Ground Loads. - The ground loads consist of the landing, taxi, towing and

jacking conditions of MIL-A-008862A for the aircraft design parameters listed

in Table 6 . The Dynamic Landing Program was used for dll landing conditions

except for the lateral drift landing which contains the gear loads snecified

in MIL-A-008862A Para. 3.2.9. The Dynamic Landing Program incorporates the

flexible airframe dynamic response and provides time histories of selected

fuselage loads including shears, moments and torques plus the gear loads.

These time histories were reviewed and the critical time points selected for

internal loads analysis. A typical fuselage load time history is shown on

Figure 31.
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Fatigue Loads. - A set of fuselage fatigue conditions was established for

internal loads analysis in the following manner. The projected PABST utiliza-

tion consists of 8 missions; however, for fatigue analysis purposes, this was

simplified to the 6 mission "Modified Utilization" in Table 11. A segment-

by-segment mission profile was performed on each flight and the initial taxi

and cruise segments were selected for FORMAT internal loads analysis. For the

cruise segment, the 1G and 2G (or stall) maneuver loads were obtained from

which fatigue spectrum stresses can be obtained. For taxi, only the IG loads

are derived; the stresses due to incremental load factors are assumed to be

proportional to the 1G stresses

A representative set of payloads was established for each mission. These

payloads are defined in Table 12. Particular attention is paid to axle load

distribution with frame station 559 selected for detailed frame analysis.

Since the payloads for Basic Training Missions 2-1 and 2-2 payloads are

also included in the Typical Cruise Missions 1-1 and 1-2, separate internal

loads were not run for the Training Missions. The major difference between

the cruise segments for the Training and Typical Missions is the pressurization.

FUSELAGE
FLIGHT CRUISE
PROFILE DESCRIPTION P (psi)

1-lA Typical A 7.15
l-2A Typical B

2-1A Training A 4.35 Outb'd.
2-2A Training B 3.2 Return

3-1A Low Alt. Resupply A
3-2A Low Alt. Resupply B

A summary of the fatigue conditions selected for internal load analysis is

on Table 13.

The pressurization internal loads are obtained separately (condition 87

Table 13) to facilitate the incorporation of different pressurizaticn spectrums

in the fatigue analysis.

Additional contritions 85 and 86 contain iG and 2G maneuver loads for a

typical flight condition with zero payload to permit superpo ,tion studies,
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TABLE 13
SUMMARY OF PABST CRITICAL FATIGUE CONDITIONS

FORMAT P.L.
COND Ap FLT WT P.L.

NO. (PSI) PROFILE DESCRIPTION fLB) NO. n z

43 0 1-1 STOL 20,250 F 1 1

44 0 1-1 STOL 20,250 F5 1.

45 0 1-2 CTOL 54,250 F3 1

46 0 1-2 CTOL 54,250 F6 1

47 0 1-2 CTOL 54,250 F7 1.

48 0 1-2 CTOL 54,250 F8 1.

49 0 3-1 STOL 27,000 F2 1.

50 0 3-1 STOL 27,000 F9 1

51 0 3-1 STOL 27,000 F10 1

52 0 3-1 STOL 27,000 FIl 1.

53 0 3-2 CTOL 62,000 F4 1.

54 0 3,2 CTOL 62,000 F12 1.

55 0 3-2 CTOL 62,000 F13 1.

56 0 3-2 CTOL 62,000 F14 1

57 7 15 1-1 STOL 20,250 F1 1.

58 7 15 1-1 STOL 20,250 F 1 1.771

59 7 15 1-1 STOL 20,250 F5 1.

60 7.15 1-1 STOL 20,250 F5 1 771

61 7 15 1-2 CTOL 54,250 F3 1.

62 7 15 1 2 CTOL 54,250 F3 1 75

63 7 15 1-2 CTOL 54,250 F6 1

64 7 15 1-2 CTOL 54,250 F6 1 75

65 7 15 1-2 CTOL 54,250 F7 1.

66 7 15 1-2 CTOL 54.250 F7 1.75

67 7 15 1-2 CTOI. 54,250 F8 1.

68 7 15 1 2 CTOL 54,250 F8 1.75

69 0 3-1 STOL 27,000 F2 1.

70 0 3-1 STOL 27,000 F2 1 996

71 0 3-1 STOL 27.000 F9 1

72 0 3 1 STOL 27,000 F9 1 996

73 0 3-1 STOL 27,000 Flo 1

14 0 3-1 STOL 27,000 FlO 1 996

/5 0 3-1 STOL 21.000 F ll 1.

16 0 3 1 STOL 27,000 Fll 1996

77 0 32 CTOL 62,000 F4 I

18 0 3-2 CTOL 62,000 F4 1 99

79 0 3-2 CTOL 62,000 F112 1.

80 0 3-2 CTOL 62,000 F12 199

8 0 3-2 CTOL 62,000 F13 1

32 0 3 2 CIOL 62,000 F13 199

8:3 0 32 CTOL 62,000 F14 1

84 ) 32 CTOL 62,000 j F14 1 99

85 1 15 1 2 CTOL 0 0 1

u) 1 15 1 2 CTOL 0 0 2
8/1 / 15 i1P J0
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Internal Loads

The PABST ADP was analyzed in the same manner as a conventional aircraft

fuselage. Internal loads were generated using the standard McDonnell Douglas

FORMAT computer program. The basic approach was to replace the actual struc-

ture with a series of bars, panels and membrane elements with the load

capabilities shown in Figure 34.

The external loads were applied at the nodes and equilibrium and compat-

ibility equations were generated for each node and element in terms of the

unknown internal forces. These forces are solved by matrix inversion. The

program also used the FORMAT capability to generate the margins of safety for

input allowable stresses including the interaction effects of biaxial and

shear stresses.

A computer generated diagram of the overall idealization is included in

Figure 35. As shown, typical shell structure was idealized by a series of

bars for the longerons and frames and shear panels for the skin. For the wing

attachment and landing gear frames, both inner and outer caps were included

alonq with all major structural connections. The floor, wing box and bulkheads

were all included in a similar manner.

Two idealizations were created

(1) Internal and External Longerons Concepts

(2) Honeycomb Sandwich Concept

Both idealizations had identical geometries; the only difference was the

section properties for the longeron and sandwich shells. The longerons carry

no bending or transverse shear whereas the sandwich elements include transverse

bending and shear stiffness. For the two longeron concepts, identical section

properties were assumed allowing the usp of a singlp idealization.

A list of the ultimate flight, ground and fatigue load conditions are

included on Tables 9,10 and 13. Loads were applied at the node points to

duplicate the airloads, inertias, wing and landing gear loads.

The internal loads were generated directly onto microfilm for all ultimate

and fatigue conditions. A set of output on standard computer forms is also

available for reference.
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Ultimate Failure Mode - Metal

An auxiliary to the FORMAT internal load program has been used to derive

the ultimate stresses and margins of safety in the metal. This stress program

uses the loads and section properties from the internal load program to

determine the three most critical margins of safety for axial, shear and

principal stress in each bar and panel member and additionally for interaction
between longeron axial load and skin shear. The results of this program out-

put are summarized by loading condition type in Figure 36 and the stress and
margin of safety values for selected locations are shown in Figure 37.

A set of the complete program output is also available for reference.
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Damage Tolerance

This section includes the damage tolerance requirements, analysis methods,

material property data, PABST structural concept analyses and analysis-test

correlation. Information applicable only to adhesives is presented separately

within each subsection from the information on the assembled bonded metallic

structure, called "metal" in this section for convenience.

A flow chart of the damage tolerance analysis procedure for the metal

structure is shown in Figure 38.

The criteria for the metal structure and for the adhesive bonds for the

Phase Ib of the PABST study are presented. The additions to the criteria

that will be made for Phase II are briefly listed at the end of the

subsection.

Applicable Documents. - The following documents apply to the extent specified:

MIL-STD-1530(USAF) "Aircraft Structural Integrity Program, Airplane Require-

ments" (1 September 1972) except for sections: 4.2d, 4.2e, 5.1.1, 5.2.3,

5.2.7, 5.2.8, 5.2.9, 5.2.10, 5.2.11, 5.3.1.2, 5.3.4, 5.3.4.1, 5.3.4.2, 5.3.5,

5.3.5.1, 5.3.5.2, 5.3.5.3, 5.3.5.4, 5.3.6, 5.3.6.1, 5.3.6.3, 5.3.7, 5.3.8,

5.3.8.1, 5.3.8.2, 5.4 and its subsections and 5.5 and its subsections. Temp-

erature and sonic fatigue criteria for PABST, to be used in lieu of these

MIL-STD-1530 exceptions, are to be defined and will be implemented during

Phase 11.

MIL-A-83444 "Airplane Damage Tolerance Requirements" except for Sections

3.1.1.1b, 3.1.1.3 and its subsections, 3.1.3 paragraph on fail safe structure,

3.2.2 and its subsections, and 3.2.3 and its subsections.

MIL-A-008866A "Airplane Strenqth and Rigidity, Ground Tests" except for

Sections: 3.6 (except as modified for STOL by McDonnell Douglas Report

MDC J6066), 3.10, 3.11, 3.12, 3.13, 3.13, 4.3

MIL-A-008867A "Airplane Strength and Rigidity, Reliability Requirements,

Repeated Loads and Fatigue" except for Sections: ? ".3f, 3.2.3g, 3.3.4.1c

except for environment, 3.3.4.2 environmental effects, 3.4.1.1, 3.4.4.2,

3.4.5.2, 3.4.5.3, 3.4.5.5 except real time and environment, 3.4.5.6, 3.4.5.9,

3.5.3, 3.7, 3.7.1, and 3.8.
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Fatigue Criteria. - The PABST fatigue criteria shall incorporate a utilization
model considering all pertinent loadings arising from preflight taxi, post-
flight taxi including effects of reverse thrust, landing impact, vertical and

horizontal gusts, flight maneuvers, pressurization, thermal loads, ground

handling loads and the influence of the environment on the strengths of the

various materials.

Service Life. - The design service life and design usage of PABST are shown

exclusive of scatter factor.

Flight Service Life 30,000 Hours and 12,507 Flights

Pressurizations 19,014

Landings, Full Stop 29,977

Touch and Go's 16,127

The projected equivalent utilization for fatigue analysis of the PABST ADP

Component is given in Table 11.

Design Fatigue Life. - The design fatigue life is the service life defined

above multiplied by a scatter factor of 4.0.

Service Loads and Environment Spectra. - The basic inputs to define the cyclic

loads spectra shall be as defined in MIL-A-008861A and MIL-A-008866A modified

to incorporate the higher sink rates associated with STOL type aircraft. For

the metal structure in Phase Ib, the environment used was room temperature and

laboratory air. See the adhesives subsection for the adhesives environment.

In addition, refer to the Phase II list at the end of the subsection.

Slow Crack Growth Damage Tolerance Criteria - Metallic Structure. - PABST

safety of flight structure shall be qualified as slow crack growth under the

appropriate sections of MIL-A-83444 and shall be designed so the possibility

of catastrophic failure will be extremely remote. Compliance with these

criteria shall involve residual strenqth and crack growth analysis and/or

tests. In addition, the structural design and analysis shall account for the

fail safe criteria in the following paragraph.

Fail Safe Criteria - Metallic Structure. - The PABST fuselage shall have a fail

safe capability equivalent to that of the DC-10 commercial airplane. The fail

safe requirements of MIL-A-83444 Section 3.1.1.1b, 3.1.1.3, 3.1.3, 3.2.2,

3.2.3 and their subsections will not be met since slow crack growth was used.
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The structure shall be capable of withstanding (1) limit load with a two bay

crack and (2) the maximum average internal member load occurring in 20 life-

times, or limit load which ever is less, for foreign object damage as speci-

fied in the following subsections.

Longitudinal Cracks: - The structure with a longitudinal crack shall be able

to withstand (1) a two-bay skin crack or a skin-to-longeron disbond and the

center frame (or splice) intact, and (2) a 15 inch long foreign object damage

skin crack with both the center frame (or splice) and crack arrest member

(if present) failed. For the first requirement, at least the skin crack

adjacent to a frame (or splice),where high stresses are induced from frame

bending and pressure, shall be considered. All cracks considered shall be

assumed to propagate in both directions.

For honeycomb structure, the longitudinal skin crack shall be in the

face sheet on the side opposite the stiffening members. For foreign object

damage, both face sheets and the core are cracked through a common plane.

Circumferential Cracks: - The structure with a circumferential crack shall be

able to withstand (1) a two-bay crack with the center longeron (or splice)

intact, and (2) a 15 inch long foreign object damage crack with the longeron

or splice and crack arrest member (if present) failed. All flaws shall

propagate in both directions.

For honeycomb, the damage shall be as specified in the longitudinal

cracks subsection.

Damage Tolerance Criteria - Adhesive Bond Areas. - The requirements of

MIL-A-83444, for metal and mechanically joined elements shall be supplemented

with the following requirements for the design of adhesive bonds joining two

or more elements of the structure. Compliance with these criteria shall be

developed by analysis and/or test. The analytical damage tolerance assessment

shall be confined to residual strength estimates. The analyses shall assume

the presence of flaws in the bond placed in the most unfavorable location and

orientation with respect to applied stress and material properties. The

experimental investigation shall be limited to distinguishing between flaws

which grow and those which do not. Thermal and humidity effects shall be

accounted for.
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Entire panels or parts which are improperly processed, i.e. parts with

global damage, shall be rejected. Parts with local contamination or flaws

shall be reworked to a quality in which the flaws shall not grow to

unacceptable sizes within two airframe lifetimes.

Initial Flaw Sizes: - An initial flaw shall be assumed to exist in each and

every bond in its most critical location including those highly stressed areas

resulting from variable bondline thickness. The size of the flaw shall be the

greater of (1) the minimum detectable size for the NDI technique used on the

bond, or (2) the smallest flaw remaining after a larger flaw has been repaired.

Each flaw shall be analyzed for residual strength independently of all other

flaws, either in the bond or metal. Initial flaws'shall be located so there

is no interaction between them.

Bond Inspectability: - The detail design shall minimize the use of uninspec-

table bonds and, wherever practical, shall be such as to force the first

evidence of failure into a visible or easily inspectable area. Techniques,

such as staggering the ends of the overlaps, shall be used to facilitate

inspection of the bonds. Each uninspectable bond shall be limited in extent

to a subcritical size.

Flaw Growth in Bonds: - Flaws in bonds induced in service shall not grow from

initial sizes defined above to critical size within two airframe lifetimes.

All flaws large enough to grow in service shall be repaired prior to delivery

of the aircraft to preclude corrosion. In addition, bonds which contain sub-

critical flaws in areas subject to corrosion shall be sealed to provide

environmental resistance.

Fail Safe Capability: - The fail safe capability of the bonded structure shall

be demonstrated by test and/or analysis. The structure shall be capable of

withstanding (1) limit load with each of the following two-bay disbond config-

urations:

(a) a two bay disbond in only one side of a double lap splice,

(b) a two bay disbond in a single sided bonded splice,

(c) a two bay longeron-to-skin disbond, and

(d) a two bay shear-clip-to-skin or crack-arrest-member-to-skin disbond;

and (2) the maximum average internal member load occurring in 20 lifetimes,

but less than limit load, for impact or the foreign object damage specified as:
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(a) a 15" disbond on both sides of a splice, and

(b) a 15" long foreign object damage skin crack with both the center

frame (or splice) and the crack arrest member failed or with both the

longeron (or splice) and crack arrest member failed as applicable.

Additional Criteria for Phase II. - The following criteria areas will be added

in the Phase II portion of the PABST program: (a) the effect of thermal and

chemical environments on metallic structure (note: the the effect on adhesives

is included in Phase Ib), (b) the effect of sonic fatigue, (c) the effect of

sustained load flaw growth in the metallic structure.

Stress Spectra Generation. - The internal load (stress) spectra for the design

concept check points were generated for airplane usage as defined by the PABST

flight profiles. The profiles were based on expected C-15 missions. These

flight profiles were the basis of a series of load conditions applied to an

internal loads mathematical model which gave stresses for each load condition.

These stresses, at critical fuselage locations, were used to develop the

applied stress spectra. The stresses at these locations were used to generate

tables of stresses and Ao/g for each segment of the flight profiles. The

tables were input to the Douglas A6PB spectra computer program which outputs

tables of stresses and cycles. The stress and cycles tables were then used

to generate the stress spectra input to the Douglas crack growth time history

computer program ElC9. An example of the EIC9 spectrum for the external

concept check point B is shown in Table 14.

Damage Tolerance Analysis Methods (Metals). - The crack growth and residual

strength analyses of the metallic structure were based on classical linear

elastic fracture mechanics in which the model consists of a symmetric crack

growing from a through-the-thickness flaw in an infinite sheet. A basic

assumption made is that the local stress conditions at the crack tip are

defined by the local stress intensity K, where:

K =o Vr- -

o= gross area stress remote from the crack tip, psi

a = half crack length, inches

The general e'quation for stiffened thin-walled structure of finite size is:

where the N terms are modification factors including the following,
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TABLE 14

Modified Spectra for External Longeron Concept, Check Point B

joXtm~ F NUMBI 2 jGA SIGNA
LOAD CYCLE END o ,LDCX

CI 1241. 241. 18759. - 70
S7749. 4500.0

RT631: 13'iA: 6501100 a000
FLT 4 5417 6715. 9500.00 8550.00
FLt 5 441. 7215. 10501.00 9450.0'4

3545. 10760. t/1 00 .3S8 041
F8T 659. 1161q. 1650).00 14850,00
FLY A 3435. 150154. 19500.00 17S50,00
GA 9 32. 15086. 10012.00 -2313.00

FL 0 6. 15092. 4500.00 3150.00)
FLY 11. 52,2. 55on 0 385000
FLY 2 1, 15216. 650).O0 4550.00
FLt 13 91. 15307. 7500.00 6750.00
FLt 14 11. 15318* 8500.00 5950.00
FLT 15 q&1. 16279. 1f.)1.ifi0 9450.00
FLT 16 276. 165556 1150.n0 10350.0)
FLT 17 24o 16570. 1250h).0 1125.no
VLT Is 3. 165'2. 1350).00 9450.00
FLY 19 7 63. 17511100 1550 on
FLT 24A: 1613. 205-)0.(V0 16 4501)00
FL" 21 S6. 6469. 21SnO.n0 19350,00
Ft 2 5 15 474. 2?50'4. ofl 20250. 10
(;21. 1i37. 415. 1758. -2217. 0.
FLT 24 108. 17323. 35'0.O0 2450,00
rLT 25 8.a  1013 . 4500.00 3750.00

FLY an 6. 9839 750,0.00 3750on
FLT 29 58M71. 25710. o500Q00 8550.00
FLT 3fl 487. 2,1;7. L0500. ,0 9450.00
FL1 . 1 50:.00 050.
FLY 1 1 ~ 6 7: 2500).0 7 50: 00
FLt 33 32029 2047q. 15501.00 139511.00
FLT 34 817. 302qb, 16500.00 14850.00
FLT 35 17. 30313. 17510.n0 15750.00
FLI 1 3946. a5* O 00 7550 08pF 62. 14321. 205011.00 1845).00
FT I 8. 34329. 500,00 1935.).00
6 G 34361. 1412.00 -22.1
FL 4 34371, 4500.00 3150.0

FLY 41 87. 34450. SS00.00 3050.00
FLT 42 12. 34470. 6M00 4S50.00

F 4It346: R~n:88 ~ 8R
FLY 4S5 t61. 5130 10500.00 9450 (18FLi 46 35402. 11500.00 0350,0
FiT 47 13. 35415. 12500.00 1 25.00
FLT 48 1. 35416. 13500.00 5450.00
FLT 49 74: 35455. 17500.00 15750.00
FLt 50 265. 35760). 20". ,4.O0 18450,00
FLY 51 57. 35P17, 21S00.00 19350.00
FLT 52 4, 35P21. 22500.3)0 20250.00
GAG 53 41. 35P(.2. 15325.40 -2217.01
FLT ; 7. 35860. 350n III ?450.0

F 10 3566q. 45n,).00 315n. (i
FLY 56 2. 35971* 55)n. (I1 2 750. 4)
FI T 57 10 3(-9q2. 65"')'A0 5050,00
FLY T s L3. 3775, 9500.0n 8550.0(10
FLY 59 93. 3746. 105,)0.,)0 Q450.04)
FLT 60 5. ?7473. 11500.n0 P050100
FLT 61 38, 37511. 3500,00 2150.00
FLT 62 4. 37515. 114510.410 13050.41)LT U,33. Jf4 ,345 fill

Fit 651, 3r4~ c 1.540.00 14850.00
FLY 6S ISO 3Q4,q, 175,4'11410 157 100
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TABLE 14 (CONTINUED)

odified Spectra for External Longeron Concept, Check Point B

LOAD NIJMRJR OF NUMSER OF SIGMA SIGMA
BLOCK CYCLES PeF CYC ES AT MAX '4N

LOA CYCLE END OF KLOCK

GAG 66 3. 39412. 1647Q,00 -?313.10FIT 67 4.6, 3945, 5511006 4550.0nFL 61 9 30479, 7501(0 6150.00FL 12. 3q4PQ. 850.00 7 50.q.

FLT 72 15. 30544m 1151,0. O 10350.,14FLT 73 1 39S45, 12"00.(10 11250.00FLT 74 3. 39548, 155-i0.(10 1395o.dof)FLT 75 87. 3c645. 175,i.O0 15750.00FLY 76 8. 3QE43. 185114.00 1i5O.nn1lFLT 77 1 356 44: 150,1.00 17550.00GAG 78 41. 3C685. 11551.00 -22)7.0FLY 7) 148. 3qP33, 50| 01 450.00FLT 80 10021 4n835. 3500.00 150.0FLt l 154*. 4011. 850noo 7650.0FLT 82 4o 40Q93, 9500.00 6650.00FLY 93 2149. 43142. 125 0.0l0FLY 54. '.3196. 135 0.0 W181000FIT A5 5* 4321.1 14500.00 13150.00G C, 86 36 43204. 1226,10 -2313.00)rL" 97 1, 43 ?., 4514.00 '150,00FLT 88 43s 4374R, 55-10.o0 4950.0FLT 89 11. 43259. 6500.00 5850.00FLT 90 31. 432q0, 75'.o 6750.00FLT 1 9. 4329qq. 85,)n.O 765i1.O0FLT 92 it 43310, 050n.00 6650.00FIT 93 in. 41310a 10500l on 045n.flnoFLT 94 1. 43311. 11500. 00 a 05U. onFLT 95 96. 43407. 125-10.00 11250.00FLT 06 37, 434-4. 135 qn,00 12 150.00FLT n7 3. 43447. 14511).00 1305n .n0GAG 9q 2-t1. 436$14. 2 5,)0, 00 -2217.00FLT 09 30102. 7170n, 350,).00 2450.(l0FLY 1O1 1187. 74977. 45 )'.fl 1 350.00GAG 101 41. 75018. 251). 00 -2217. O0FLT 102 184404. 25cP?2. 3 50.00 2450,00FLT 113 7286. 26710 0. 45111.00 1350. li0GIG 114 19 ?67111. -243,. 0o0 -2313. "')GAG 1M5 50. 267161. 1164.10 -2397.,00FLT 016 880 l. 315 161. 2500r).00 75C.00FIT 101 260)0. 381161 35n0.)0 5.oGG 109 54) 3. 3404.00 -3 1"3 (10~lfFLT 109 114057. 495268. 4500,00 315u.00GLT 110 14307. 50c575. 5500.0 1650.0FLT 111 1301. 510876. 6500.00 650.00
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as applicable:

F (a/r) = Bowie correction for symmetric or asymmetric cracks at holes

XI = Finite width correction for eccentric cracks (Reference 1)

= Finite width correction for single edge cracks (Reference 1)

ab = Liu back surface correction factor for corner flaws(Reference 2)

Mk = Kobayashi factor for deep surface discontinuities (Reference 3)

= Swift factor accounting for the effect of stiffening on a

cracking sheet (Reference 4)

B = Correction factor accounting for the effect of bulging on a

cracking curved sheet due to pressure.(Reference 5)

= Effect of non-uniform stress distribution, from the pressurized

uncracked stiffened cylinder, on a longitudinal skin crack.

See Figures 39 and 40.

F = Knock down factor for the effect of the skin bending stress

on a circumferential crack near a frame in a pressurized shell.

The damage tolerance analyses were based on the Hart-Smith method of

predicting the stress distribution in a pressurized stiffened cylinder,

Figure 39, This method is more accurate than the classical solution since:

(a) the distortion under load included in shell buckling theory is

accounted for,

(b) the deflected shape is defined by non-oscillatory exponential decay

functions,

(b) the correct frame stresses are obtained by using the junction

stresses between the skin and frame determined by the skin bending

moments, and

(d) the axial stiffener influence on the skin stresses is accounted for

(through Poisson effects).

The crack growth time histories of the cracked structural members

analyzed were calculated using a Douglas computer program that is an expanded

version of the Air Force CRACKS program, and da/dn vs a K material data.
Residual strength was calculated using critical stress intensity, i.e. kc , data.

These material data are discussed in a subsequent subsection.

It should be netea that in the Phase Ib analysis, all of the metallic

structural components and the bond were assumed to be elastic for the damage

tolerance analysis of the metal structure. An on-going research (IRAD)
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effort on mnetallic structure and PABST analysis of adhesives indicate that the

use of linear elastic fracture mechanics for the cracking member with an

elastic-plastic capability for the adhesive and the attached structure would

improve the accuracy of the analysis. This recommendation was corroborated by

a PABST flat stiffened panel test.

Material Data-Metals. - The da/dn vs AK curves for Phase Ib were taken from

data available in the literature, primarily Battelle data. Both average and

upper bound curves were prepared for the following aluminum alloys:

1) 2024-T3 both bare and clad sheet,

2) 7075-T6 clad sheet,

3) 7075-T73 extrusion, and

4) 7475-T761 bare sheet.

A decision was made that the curves for all aluminum alloys and R values would

pass through 10-8 at 1K = 2 ksi viW. This decision was based on available

NASA data for 2219 aluminum and had customer concurrence.

An example plot of da/dn vs AK data is shown in Figure 41 for 2024-T3

bare sheet. A da/dn vsiK plot for 2024-T3 and 7075-T6 alloys for R = 0 is

shown in Figure 42 to indicate the shift in the curves that occurs for a

change in alloy.

It should be noted that because of the log-log scale of the plots, small

A K displacements of the curves can lead to significant changes in da/dn

magnitude which can greatly affect the analytical determination of crack

growth time history. For this reason, current da/dn vs AK data will be

reviewed for Phase II to incorporate any recent data from Douglas (IRAD) tests

and from the literature.

Kc Values: - The following K values were used in the analysis of the test

specimens and design concepts.

Aluminum Applicable Temp K (Obtained from
Alloy Analysis OF c

Douglas IRAD tests)

2024-T3 Bare Test RT 130

Concept -65 130

7075-T6 Clad Concept -65 40

7475-T761 Bare Test RT 120

Concept -65 109
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Retardation: - Four flat unstiffened center-cracked panels were tested to

measure retardation in crack growth due to infrequent high loads under spectrum

loading and to establish a retardation model for crack growth analysis. The

specimens were:

Number of Specimen Specimen Test

Specimens Thickness Material Temperature

1 0.05 2024-T3 Bare Room Temperature

1 0.05 7475-T761 Bare Room Temperature

1 0.05 7475-T761 Bare -650F

1 0.05 /075-T6 Clad Room Temperature

The spectra for the 2024 and 7475 specimens is shown in Figulre 43. The

spectra for the 7075-T6 specimen was:

R Cycles Ao
max Spectrum

13500 0.1 1 12150

10750 0.3 168 7525

8062 0.7 584 2419

13500 0.1 1 12150

8062 0.7 584 2419

10750 0.3 168 7525

The results for the 2024-T3 specimen test are shown in Figure 43 with

analysis based on the Willenborg retardation model with the factors shown. The

test data fell to the right of thc: Willenborg curve for R = 1.0 for all room

temperature tests. For the cold temperature test, the test data fell to the

left of the Willenborg curve for R = 0.6. Chemical analysis of the 7075-T6

specimen showed it to be close to the specification for 7475 alloy and analysis

based on 7475 da/dn vs AK data showed better aqreement with test data than

the 7075 material data did.

Attempts to correlate the data with existing retardation models was not

successful. A retardation factor of 0.8 to 0.9 and a Willnborg model based on

previous Douglas experience was therefore used for PABST.
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Concept Analysis (Metals). - The three concepts described in the Design
Concepts Section were analyzed for the damage tolerance requirements using
the analysis methods and material data described in the previous subsections.
The critical points on the fuselage used for analysis were selected on the
basis of the internal loads as described in the following paragraphs. Margins
on life were obtained for structure analyzed for slow crack growth based on
the Forman equation for the da/dn vs AK curve,

da C (AK)n

dn (I-R)Kc - A K

where: a = half crack length

N = cycles

R = Stress Ratio

Kc= Critical stress intensity
K = Difference in stress intensity

n,C = Material constants

In the region of the initial crack where the contribution to the total
lifetime is greatest, AK is much less than Kc. For efficiently designed
structure, the margin is low and the [(l-R)K - A K]/C term can be assumed toL cbe relatively constant in the applicat-le da/dn vs AK region since the region
is small enough to permit a line.r approximation. A relationship between life
and stress can then be obtained which is:

1/ N failure I/n
2 ( N2) or °allowable = failure [N ]n

NI1  Ncriteria'

margin on Life = fcrilure n -1.

N-rteri a
Internal Longeron Concept: - The critical points for the analysis of the
internal longeron concept are shown in Figure 43. All of the points were
in the 0.05" thin skin region. Critical point A was selected as a high axial
and pressure tensile stress area in the wide spaced longeron region. Critical

point B was in the highest axial and pressure tensile stress area. Critical
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point C was in an area subjected mainly to pressure stress but was needed to

check the adequacy of the close spaced frame/wide spaced longeron geometry in

the nose. Critical point D was under the floor in the region with highest

axial compression as well as the pressure tensile stress. The axial compress-

ion tends to open a longitudinal crack increasing the effective crack tip

stress intensity.

The results of the analysis are shown in Table 15. For the original

design of the wide spaced longerons Figure 44 at critical point A, the

fail safe criteria for a circumferential crack was not met. One fail safe

strap was added between each pair of longerons as shown in the Design Concepts

section. The method of determining the strap stiffening and area is discussed

in the sensitivity analysis subsection.

TABLE 15

INTERNAL LONGERON CONCEPT DAMAGE TOLERANCE ANALYSIS SUMMARY

Critical Slow Crack Fail Safe
Point Growth

One Bay Crack Two Bay Crack- 15" Foreign Object
Center Stiffener Damage-Center

Intact Stiffening Broken

Point A 3% Margin on Original design Original Design
Circumferential Life, Original did not meet did not meet
Crack Design Criteria. Fail Criteria. Fail safe

Safe Strap added Strap added.

Point B 9% Margin Criteria met Criteria met
Longitudinal on Life
Crack

Point B 0% Margin Criteria met Criteria met
Circumferential on Life
Crack

Point C 13% Margin Criteria met Criteria met
Circumferential on Life
Crack

Point D 8% Margin Criteria met Criteria met
Longitudinal on Life
Crack

With the addition of the straps, critical point B becomes the area of

lowest margin on life, for the circumferential crack. The slow crack growth
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criteria is critical for a one bay crack. The associated skin crack growth
time is shown in Figure 45. The applicable stress spectra is shown in
Table 14 and was used with a Willenborg retardation model and 0.9 factor.
The fail safe checks are shown in Figures 46 and 47. It can be seen
that (1) The two bay-center stiffener intact criteria was met since the panel
did not fail until a half crack of 19.2 inches was reached, and (2) the 15"
foreign object damage crack fast fractured then arrested at a half crack of
14.9 inches. The panel failed when a half crack of 15.6 inches was reached.

External Longeron Concept: - The internal loads for this concept were the same
as for the internal longeron concept. The critical points for analysis were

at the same locations, see Figure 43 . The results of the analysis are

12- INTERNAL LONGERON CONCEPT

CRITICAL POINT B TWO LIFETIMES
11 o UNINSPECTABLE

10-

a,
HALF 9' STIFFENEPCRACK,

IN.
8-

7-

6- *TWO DEPOT

INSPECTION PERIODS

5

4-

3-i
2-

1. 2-IN. CRACK OR15,000* "'

0I I I I

0 10 20 30 40 50 60 70

FLIGHT HOURS BY 10- 3

FIGURE 45. CRACK GROWTH TIME HISTORY FOR A CIRCUMFERENTIAL ONE BAY
CRACK, INTERNAL LONGERON CONCEPT
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STIFFENER CRITERIA INTERNAL LONGERON
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FIGURE 47. FAIL-SAFE CHECK FOR A 15-INCH FOREIGN OBJECT DAMAGE
CIRCUMFERENTIAL CRACK AND BROKEN CENTER STIFFENER
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shown in Table 16 • An analysis of an initial crack in the frame at critical

point B showed the case of the initial crack in the skin was more critical.

This result confirmed the same conclusion for frame analyses performed during

the initial screening of concepts early in Phase lb. The longerons were also

less critical than the skin in the screening analyses.

TABLE 16

EXTERNAL LONGERON CONCEPT DAMAGE TOLERANCE ANALYSIS SUMMARY

Critical Slow Crack Fail Safe
Point Growth

One Bay Crack Two Bay Crack- 15" Foreign Object
Center Stiffener Damage-Center

Intact Stiffening Broken

Point A 3% Margin on Original design Original design
Life, Original Marginal. Fail Marginal. Fail
Design Safe Strap Added. Safe Strap Added.

Point B 10% Margin Criteria met Criteria met
Longitudinal On Life
Crack

Point B 0% Margin Criteria met Criteria met
Circumferential On, Life
Crack

Point C 12% Margin Criteria met Criteria met
Circumferential On Life
Crack

Point D 8% Margin Criteria met Criteria met
Longitudinal
Crack

Honeycomb Concept: - The critical points for the analysis of the honeycomb

concept are shown in Figure 48. As shown in the Design Concept section,

almost the entire honeycomb fuselage has an 0.032 inch face sheet on the out-

side and an 0.020 inch face sheet on the side with the frames and fail safe

straps. Critical point A was in the highest axial and pressure tensile stress
area. Critical point B was under the floor in the region with highest axial

compression as well as the pressure tensile stress. Since the geometry is

constant throughout most of the honeycomb fuselage, these are the only
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critical points needed.

The results of the analysis are shown in Table 17. The model for the

slow crack growth analysis and the fail safe analysis of a two bay crack with

center stiffener intact is shown in Figure 49. For both of these analyses,

the panel was assumed to act like an unstiffened honeycomb sandwich; i.e.,with

no frames or straps. A flat honeycomb panel fail safe test in Phase Ib showed

good agreement with this analysis, see the analysis test correlation sub-

section. The model for the 15 inch foreign object damage, (in which the

center frame, core, and both face sheets are cut) was: (1) an unstiffened

center cracked face sheet, (2) a cracked fact sheet stiffened by frames and

straps, and (3) no contribution by the core.

TABLE 17

HONEYCOMB CONCEPT DAMAGE TOLERANCE ANALYSIS SUMMARY

Critical Slow Crack Fail Safe
Point Growth .........

One Bay Crack1  Two Bay Crack- 15" Foreign Object
Center Stiffener Damage - Center

Intact Stiffening Broken

Point A 52% Margin Criteria met Criteria met
Longitudinal On Life
Crack

Point B Criteria met Criteria met Criteria met
Longitudinal
Crack3

Notes: 1. Crack in face sheet on side opposite to stiffening.
Analyzed as unstiffened honeycomb panel with one cracked face sheet

2. Both face sheets, core and center stiffener cut.

3. Circumferential crack less critical than longitudinal crack.

The longitudinal crack at point A was critical for slow crack growth. The

associated crack growth time history is shown in Figure 50. The spectra was

constant amplitude from zero to full pressure which is conservative. The fail

safe checks are shown in Figures 51 and 52. The criteria was met for

both cases.
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CRITICAL POINT A
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FIGURE 50. CRACK GROWTH TIME HISTORY FOR A LONGITUDINAL CRACK,
HONEYCOMB CONCEPT
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FIGURE 51. FAIL-SAFE CHECK FOR A TWO-BAY LONGITUDINAL CRACK WITH I
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HONEYCOMB CONCEPT
CRITICAL POINT A

70
OUTER STIFFENER

O TUNSTIFFENEE
FACE SHEET

r 40-

W 30 -
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in20 _ _ _
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a, HAI.- CRACK LENGTH, IN.

-15 IN.

FIGURE 52. FAIL-SAFE CHECK FOR A 15-IN. FOREIGN OBJECT DAMAGE LONGITUDINAL
CRACK, IN HONEYCOMB, AND BROKEN CENTER STIFFENER

Sensitivity Analysis (Metals). - A sensitivity analysis was made for each of

four parameters to guide the design of various PABST concepts and to evaluate

the impact of a change in basic material data. The four parameters were:

stress level, bonded strap spacing, bonded strap area, and da/dn vs AK

material data. The methods described in the Damage Tolerance Analysis Methods

Section were used in the analyses.

It should be noted that the effect of bonding itself, compared to riveting,

was determined early in Phase lb. The associated modification factors

accounting for the effect of stiffening on cracked sheet for elastic structure

] were compared. The result is shown in Figure 53. Since the factor is

related directly to the stress intensity k, see Damage Tolerance Analysis

Methods Section, the improvement in residual strength provided by bonding the

stiffening is clearly evident.
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Effect of Varying Stress Level: - The sensitivity of stress intensity (K) to

stress level was determined for both the skin-bonded stiffener design concepts

and the honeycomb concept.

The internal and external longeron concepts were considered to be repre-

sented sufficiently for this analysis by the geometry of test specimen N21 and

the crack DT4, as shown in Figure 54. Three stress levels were selected: (a)

the longitudinal stress due to pressure only, 11,180 psi, (b) the longitudinal

stress due to pressure added to the full skin bending stress, 24,347 psi, and

(c) the average of the two. The first and second stress levels represent the

lower and upper bound values. The results, see Figure 55, show that the

structure is very sensitive to high stress levels. In this example, a 50%

increase in stress from the lower bound decreased the life by 84%.

Honeycomb is similarly affected, Figure 56. The analysis performed was

for test s-rimen 30A, which has the same geometry as the honeycomb concept.

As stated previously, honeycomb crack growth analysis considers that the

structure acts like an unstiffened honeycomb panel unaffected by the frames

and straps.

Effect of Varying Bonded Strap Spacing: - The effect of varying strap spacina

on residual strength was determined for the skin-bonded stiffener concepts.

A circumferential crack parallel to and close to the frame at critical point

A for the external longeron concept, Figure 44 was analyzed with one, two,

and three crack arrest straps between the wide spaced longerons. The result

of decreasing strap spacing is to increase residual strength as shown in

Figure 57. It should be noted that in the analysis for all three cases, the

strap area was not sufficient to keep the strap from breaking before the two

bay-center stiffener intact fail safe criteria was met. However, it is clear

that a further increase to four straps would result in the criteria being

satisfied with no increase in area.

Effect of Varying Bonded Strap Area: - The effect of varying strap area only

on residual strength was also determined for the critical point A case

discussed above with the strap spacing fixed (one strap). The results are

shown in Figure 58. An increase in area to 0.213 square inches provided

sufficient residual strength to meet the fail safe criteria. Additional
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analysis would be required to determine the best geometry for cost and weight

by varying both spacing and area.

Effect of Varying da/dn vs AK: - The sensitivity of crack growth time history

analysis to da/dn vs AK material data noted in the Material Data Section was

studied. An analysis was made of a flat unstiffened center-cracked 7075-T6

sheet which was 48" wide and 0.05" thick. The initial 0.50" crack was grown

analytically by spectrum load. The PABST curves and a set of curves displaced

at the lower end from PABST data were used. Figure 59 shows the placement

of the curves for R = 0 only. The resulting crack growth time histories are

shown in Figure 60. It should be noted that the AK value associated with

maximum growth from the initial crack size was 6686 at R = 0.3. (The life

depends primarily on the growth period associated with the starting crack).

For this geometry and material, the decrease of initial da/dn from 1.5 X 10 5

to 6.0 X 106 for the initial AK value decreased the life by a factor of 3,

Figure 59. This sensitivity study is especially significant since there is

little data below AK = 5 x 10 for aluminum alloys. This is an important

region for PABST since the small MIL-A-83444 crack sizes and low fuselage

stresses place much of the structure in this region.

Analysis-Test Correlation (Metals). - A comparison was made between test panel

analysis and the test data from the design verification tests of the internal

longeron and honeycomb concepts to check the analysis methods. The panels were

analyzed using the methods described in the Damage Tolerance Analysis Methods

section, including the appropriate modification factors.

Internal Longeron Concept: - Two large stiffened panels with the internal

longeron configuration were tested.

The first, a flat panel loaded by uniaxial tension, is described in

Structural Test Section specimen N3OA. The test panel failed prematurely from

fatigue in the longeron cutout region. Only about two inches of growth from

the 0.25 inch initial damage tolerance cracks cut into the panel was obtained.

The experimental crack growth time history for the one bay damage tolerance

crack is shown in Figure 61 along with the analytical data. The agreement

is fairly good. The unconservatism can be corrected by adjusting the da/dn

vs A K material data a small amount in the low AK region as was discussed

previously.
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AM

The second panel was a curved specimen tested under pressure to verify

the effects of biaxial stress on the design. The location of the damage

tolerance cracks and the residual strength cuts in the 110" X 168" panel are

shown in Figure 54, The test is described in Structural Test Section

specimen N21. The comparison between analysis and test for the longitudinal

one bay cracks DTl and DT2 is shown in Figure 62. The analysis of both

cracks was identical, i.e. no skin bending at the longeron assumed. Reasonable

agreement for crack DTI was obtained except in the knee of the curve. An

adjustment in the da/dn vs AK curve will be studied in Phase II for this case

also since the effect of the stiffener is still four to five inches away.

Agreement for the DT2 crack was poor. The knee of the experimental curve had

not been reached by the time the crack was patched to allow other testing. It

had been thought that DT2 would grow more rapidly than DTI due to the bending

of the skin from the pressure "pillowing" of the skin at the longeron,

Figure 39, and from the more severe bulge condition wherein the longeron

holds one side of the skin while the other side bends outward thus increasing

the crack tip stress intensity more than for DTI, where the bulging is

symmetrical. The test results, however, indicate a decrease in stress

intensity from that of DTI. Current thinking is that the longitudinal stress

in the skin is higher at the longeron than in the center of the bay. The

problem will be studied further in Phase II.

It should be noted that it does not appear to be necessary to make

corrections to the method of analyzing the hoop stress distribution ik" n

pressurized stiffened shell. The hoop stress at the center of a bay was

recorded by the strain gages as 14,287 psi versus 14,113 psi by ana,.sis. Th

hoop stress in the skin at the frame was recorded by the strain gages as

9558 psi versus 9898 psi. This is good agreement considering manufacturing

tolerances, etc.

The comparison between test and analysis for crack DT4 is shown in

Figure 63. The shift in da/dn vs &AK curve mentioned above will be used

to adjust some of the unconservatism in the analysis at the beginning of

crack growth. The crack was patched at 31,290 cycles so that fail safe tests

could be run. The patch was not sufficient to prevent the crack from opening

during the fail safe loading. The change in the curve in Figure 63 from the

patching to about 45,000 cycles appears to be from retardation. The fail safe
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load with retardation will be added to the analysis in Phase II to check

correlation.

The residual strength test results for the two bay crack with center

stifener intact are shown in Figure 64, The skin progressively saw cut to

nine, ten, and Jeven inches did not fail at the limit stress of 14,100 psi,

as predicted by analysis. However, the actual residual strength was not

checked by test since the specimen wao to be used for further testing.

The results of the foreign object aamage, i.e. a fifteen inch skin crack

with the center stiffener broken, are shown in Figure 65. In the test, this

crack fast fractured to the frame at a stress of 13,600 psi, and arrested.

This is 9% below the stress for fast cracking predicted by analysis. The

panel with the two bay crack was subsequently tested to the required one-time

stress of 14,100 psi. There was no crack growth and the outer stiffener

remained intact. The analysis predicted that the outer stiffener would fail

at the one-time stress for a 23.4 inch crack. The analysis appears to load

the stiffener too much and the skin too little.

Honeycomb Concept; - Two large flat stiffened honeycomb panels were tested in

uniaxial tension. The tests are described in Structural Tests.

The first panel was used to demonstrate both crack growth and fail safe

capability. The test results are shown in Figures 66 and 67 respectively

along with the analytical results. As stated previously, unstiffened honey-

comb analysis methods were used. The experimental crack propagation data

showed good agreement with analysis for approximately 60,000 cycles. The

analysis and test curves then deviated with the analysis becoming conservative

until the curves crossed at approximately 92,500 cycles. For the residual

strength test, the case of a two bay crack with center frame intact was

checked by sawing a 38 inch crack (rather than 48" full two bay crack) and the

panel pulled to failure with a rising load. The panel failed at 298,000

pounds. The analysis predicted that failure would occur at 296,000 pounds.

This agreement is excellent. Since the analysis for AK versus half crack

length (a) for both tests is identical, the disagreement between analysis and

test for the crack growth test is apparently due to the da/dn versus A K

material data used for the 2024-T3 face sheets.
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The second panel was tested for foreign object damage by pulling the

damaged panel to failure under rising load. The test and analysis results are

shown in Figure 68. The analysis considered that the panel acted like a

cracked unstiffened face sheet and a stiffened cracked face sheet with no

influence from the core as stated previously. Failure occurred at the 25,000

psi stress predicted by analysis. However, the predicted fast fracture of the

stiffened skin prior to panel failure could not be verified. Failure of the

parts of the panel appeared to be a single occurrence.

13
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Fatigue Analysis

The fatigue criteria, service life and design fatigue life are presented

in Damage Tolerance - Requirements. The PABST utilization is given in

Table 11.

Fatigue Analysis Methods. - Conventional fatigue analysis based on Miner's

Cumulative Damage Rule and a scatter factor of 4.0 was used with appropriate

S-N material data.

Concept Analysis. - The three concepts described in the Design Concepts

Section were analyzed for the fatigue requirements. The critical points

checked on the fuselage were the same as the points used for damage tolerance,

Figures 44 and 48.

Internal and External Longeron Concepts: - Fatigue analysis based on DC-10

riveted structure S-N data showed no fatigue damage, i.e. "Infinite" life.

The pressure panel cyclic test N21, described in the Structural Test

Section, showed no fatigue cracking in participating structure in over four

lifetimes.

Honeycomb Concept: - Based on test data for a honeycomb splice, the fatigue

response of the honeycomb structure was the same as for an unnotched sheet.

The splice test was for amax = 20,000 at R = 0.05 and over 106 cycles. The

analysis of the honeycomb concept based on this material data showed no

fatigue damage, i.e. "infinite" life.

The pressure panel cyclic test H25, in progress, has shown no fatigue

cracking in participating structure in over three lifetimes.
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Ultimate Mode - Bonded Joints

Analyses of intact adhesive bonded joints have been performed for three

situations: (1) the double-strap joints used in longitudinal splices, (2)

the flush single-strap joints used on circumferential splices, and (3) the

peeling apart of the skin and stiffening elements under internal cabin pressure.

Tests have been performed for each of these categories. The test results have

confirmed the predictions and established the adequacy of the bonded joints

for the ultimate mode for the thin and only moderately thick components

required for PABST. The conclusions for the bonded joints in intact structure

may be summarized as follows. The metal elements are more critical than the

adhesive for loads less than sufficient to yield the metal. Once yielding

occurs, the adhesive fails progressively, as long as the associated loads are

maintained, until complete failure occurs.

Double-Lap and Double-Strap (Longitudinal) Splices. - The analysis method for

the double-strap joints are summarized as follows.

Temperature Tp (psi) G psi 7 e "Vp ''---7 -

R.T. (700F) 5,000 50,000 0.1 1.0

-50OF 7,000 60,000 0.12 0.5

+160F 2,500 40,000 0.063 1.5 ARCIAN (o)

P' Ei

PP

Si

S; 17 0 o
To 3

Typical Characteristics for 250°F Curing Ductile Adhesives
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FM-73 was found to be slightly stiffer and less ductile at room temperature,

but the effect is not large - these preliminary values were used to size the

bond overlaps reported below. Those for FM-73 can be reduced by 0.06 inch in

the range 0.040 to 0.080 in. central adherend thicknesses.

For tensile or compressive lap shear, the bond load capacity per unit

width is given as:

Et J2-7 Y 7p4 -O 2 EoTo)
P= Lesser of V2 l??(.f +-y,)2EiTi(l+ _ T

2 6 AND y27 (-7(+Y)4EoTol+ 2 T°E T

The bond strength for in-plane shear loading, likewise, is
S = Lesser of V2  -AY -).J 2 oTo AND 2 2Eo 2 Eo)o

Note that both P and S are independent of the overlap 1, except for very

small values of I for which P or S is given by 2r p . For good design practice,

P and S should exceed nominal requirements by 50% to provide for unknowns such

as local flaws and variable thickness bondlines. The required minimum lengths

to develop the strengths are:

P (orS) + 2 where ET
2pX(ors .1

Greater overlaps, of 2(1+v)G(1.2

P (orS) + 6 
I

2 X(orX,)

are recommended for design purposes to provide a reserve of strength for fatigue

resistance and damage tolerance and to ensure that the adhesive stresses in the

middle of the overlap are sufficiently low so that the adhesive there can never

creep (See Figure 69). This area of very low stressed adhesive is intended to

provide a resistance to environmental degradation. It acts as an anchor, or

memory, permitting the differential stresses in the adherends to push the

adhesive back to its initial state each time the joint is unloaded. Short over-

lap joints, in which all of the adhesive is strained significantly do not have

this characterisitc. This is probably the reason for the poorer environmental

resistance of test coupons such as the RAAB specimen than have been demonstrated

by good adhesive bonds in service. 13
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The following table gives the nominal recommended overlaps for balanced

double-lap and double-strap joints used in the PABST designs.

Central Sheet
Thickness t. (inch) 0.040 0.050 0.063 0.071 0.060 0.090 0.100 0.125

Reconmended
Overlap I (inch)t 1.21 1.42 1.68 1.84 2.01 2.20 2.39 2.84

Streigth of
2024-T3 Alunint 2600 3250 4095 4615 5200 5850 6500 8125

(lb/in.)

Potential Ultimate 8115 9073 10184 10612 11477 12173 12831 14346
Bond Strength

(lb/in.) *

t Based on 160°F properties giving lowest value of X.

Based on -50F properties giving lowest joint strength. (The thicker

adherends, say 0.100 and 0.125, would need peel stress relief by

feathering the outer edges of the splices.)

t For nominal adhesive thickness 77 = 0.005 in.

The lengths calculated are for balanced joints - slightly different overlaps

would be used if Eft i  2Eoto. These overlaps are sufficient to permit

riveted repairs if necessary. The potential bond shear strengths can be

multiplied by the following sequential modification factors as necessary.

For thin bonds - reduce strengths in ratio ./0.00.

For in-plane shear - reduce in ratio 0.62:1

For Fatigue with Ifmax restricted to 0.05 - reduce in ratio 0.138:1

For stiffness imbalance, see table below

2:ot0 /E ti 0.2 0.4 0.6 0.6 1.0 1.2 1.4 1.6 1.8 2.0

Ratio of
Strengths of
Ubalanced 0.35 0.53 0.69 0.85 1.0 0.96 0.93 0.90 0.66 0.87
and Balanced
Joints

138
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In the case of combined tension (or compression) and in-plane shear loads, the

effective maximum adhesive shear strain derives from the condition

(-M LA + ( t~)S LOAD

It should be noted that the recommended overlaps above are less than half

as great as would have been required by the arbitrary design rule of a uniform

bond stress of 500 psi over the entire bond area. Thus, the improved under-

standing of the actual load transfer and non-uniform stresses in bonded joints

has permitted a considerable weight savings in splices with respect to previous

bonded joint technology.

Results. - The typical joint strength values calculated atove give no

cause for concern about a properly processed bond being weaker in ultimate

mode than the metal elements of the structure.

Static testing of such double-lap and double-strap bonded joints in 0.040

and 0.080 inch thick central adherends demonstrated consistent failures in the

metal, usually in the splice members. Therefore, for the 0.040 to 0.071 inch

central sheets, the splice plates were made one gage thicker than a balanced

joint. The small decrease in potential bond strength can be afforded because

the nominal bond strength is so much in excess of the adherend strength.

Balanced joints (to = 1/2 ti) were retained for 0.08 inch sheets and above.

(For the combined mechanically-fastened cold-bonded splices, the outer splices

were made thick enough to accept a flush rivet head.) A series of static tests

performed at a very slow load rate (5 to 10 minutes to reach ultimate strength)

demonstrated how the adhesive fails if the metal stress is held at the yield

value or above. The failure mechanism is illustrated in Figure 70.

Single-Lap (Longitudinal) Splices. - The PABST design does not currently call

for any single-lap skin sFlices. However, they can have certain potential

advantages over double-lap splices, provided that they are proportioned

properly. Therefore the pros and cons of such splices are outlined briefly

here. The key advantage is a lower cost from fewer pieces to be bonded

together, easier bond inspection, and only half as many fasteners. The dis-

advantages are a reduced fatigue life and increased crack growth rate because

of the eccentricity in the load path at the ends of the overlap. These dis-
advantages can be minimized, at the expense of a small weight penalty, by

increasing the overlap. An overlap of 50 times the sheet thickness has about

the same weight as a double-lap bonded splice between such sheets, and repre-

sents a 1.5:1 stress concentration factor with respect to a nominal skin stress
of about 20 ksi. 139
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Single-lap skin splices are particularly inefficient if the overlap is too

short; for example, with an /t ratio of 20:1, an average sheet stress oA

20 ksi is increased locally to 55 ksi by the bendinq moment at the eccentricity

whereas, if k/t equals 100, the same 20 ksi average stress induces a maximum

of only 25 ksi. Figure 71 depicts the relationship between maximum and

average stresses for cLfferen" /t ratios. Note that the abscissa reads

nearly directly as /t for aluminum adherends. For the skin gages typical

of transport aircraft fuselages, good structural adhesives have more than

adequate shear capability if the overlap is adequate. The two potential weak
links are adherend bending and adhesive peel at the ends of the overlap. Both

problems can be alleviated by increasing the overlap and the second can be

minimized by a shallow chamfer at the end of each sheet.

S.inle-Strap, Flush (Circumferential) Splices. - The circumferential splices in

the PABST ADP are combined mechanically fastened/room-temperature bonded joints.

The sheet sizes available, and the location of such necessary manufacturing

breaks as the compound-curved to cylindrical shape, the major wing and landing

gear frames and the cargo door cut-out are such that intermediate bonded circum-

ferential splices are not needed.

Analyses and testing of such a purely bonded splice have been conducted.

The test panel was 24 inches wide and 48 inches long, with a central transverse

splice 6.5 inch wide. Two longitudin&1 stiffeners, spaced 12 inches apart were

bonded to the same side uf the skin as the splice plate, having a flush exterior

surface. The joint geometry is shown in Figure 12. This panel was tested at

high frequency and demonstrated a more than adequate fatigue life under such

circumstances of 100,000 cycles at the nominal 16 ksi stress followed by 33,400

cycles before failure at 24 ksi nominal load. However, the failure was

catastrophic and without warning. A short fatigue crack grew in the splice

plate, at the skin junction, and was only 0.7 inch long on the invisible faying

surface side and 0.3 inch on the visible interior surface where it was held

shut by the compression on that side of the splice. This small flaw fast

fractured over the entire 24 inch width and the bonded stiffeners unzipped

instead of acting as crack stoppers. Analysis of this bonded joint indicated

severe bending moments in the splice at the skin junction and in the skins at

the edge of the overlap (see Figure 72). The strain gages recorded a compressive

stress on the inner face of the splice. The presence of the lonqerons
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P _ _ _P

Deflected position

Undefl1ected position

ts= 0.090"
tD= 0.125"
te = 0.040"
f = 0.25" F-s 6
= 3.22" 1 -

= 0.004" _LI -/
= Bondline_ o

Thickness tD

Te Y C4 f

FIGURE 72. BONDED CIRCUMFERENTIAL SPLICE

The table below gives the results of a non linear iterative solution of the

stress and deflection of the splice subjected to various skin stress levels.

"avg sPSI 0 max PSi "max PSi Opeel PS Opeel PSi Oo 6L11 e/c
skin o L*0*

10,000 19,060 25,602 1,312 5,765 0.014 O.n5A -0.19

12,000 22,155 29,743 1,471 6,612 0.013 0.057 -0.20

14,000 25,155 33,637 1,616 7,380 0.012 0.059 -0.21

16,000 28,074 37,318 1,749 8,082 0.011 0.061 -0.21

18,000 30,924 40,814 1,872 8,726 0.011 0.063 -0.22

20,000 33,718 44,145 1,987 9,319 0.010 0.064 -0.22

22,000 36,459 47,336 2,095 9,867* 0.010 0.066 -0.22

24,000 39,154 50,402 2,195 10,377* 0.009 0.068 -0.22

p 10,000 psi is failure0 peel

•* moment is reduced to zero when 6L 0 .11 in.
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restrained the panel from deflecting quite as much as in the unstiffened sheet

analyzed, but the agreement was still good. For example, at 24 ksi, the

combined bending and stretching stresses away from the longerons were measured

as 37 ksi in the skin vs 39 predicted, and 44.5 ksi in the splice vs 50.5

predicted. High peel stresses were predicted in the adhesive at the skin

junction and delaminations of up to 0.3 inch were detected by dye penetrant.

The circumferential splice joint has been redesigned as a conventional

mechanically fastened joint with room-temperature curing adhesive to enhance

the fatigue life. The overlaps for mechanically-f.astened splices are signifi-

cantly less than those which are desirable for bonded splices, so the latter

are heavier. A length-to-overlap ratio of 100 is desirable for bonded single-

lap and single-strap joints, with a minimum acceptable ratio of about 50. In

the present case, the mechanically-fastened joint has a major advantage over

the bonded splice - in the former, the splice plate can bend smoothly over the

distance between the two inner rows of fasteners while, in the latter case,

the bending is sharper because it is confined to the immediate vicinity of the

skin junction.

Skin-to-Stiffener Joint. - The bending to separate the skin from the bonded

stiffeners, both longerons and frame shear tees, arises from two basic load

conditions. The first is the pillowing due to internal pressurization, while

the second is the wrinkling of the skin under shear loading. Analyses and

tests have been performed for the skin to stiffener junction stress. Both

the coupon and panel testing confirm there is no problem in this area wherever

the stiffener is continuous. In many instances, the stiffener web was ripped

off the bonded flanges that remained attached to the wrinkled skin. There is

often a real or potential problem where the stiffener is cut, as at the ihear T

cutout at the frame/longeron intersection. The only successful analyses that

have been and can be conducted show high margins but these are all for the non-

critical. continuous stiffener cases. The analyses performed are for the onset

of buckling in shear and for the pillowing of the pressurized skin between the

frames. No analyses are available for the skin-to-stiffener forces associated

with fully developed shear wrinkles or for discrete stiffener lengths. Prelim-

inary analysis and past experience indicated that the stiffeners should be of

T or J cross section rather than L or 7, otherwise, the skin could easily peel

away from under the hard web of the stiffener.
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Figure 73 indicates qualitatively the nature of the distribution of the

contact stresses between stiffener and skin under peeling loads for both

sheet skin and honeycomb skin. The distributions are distinct, with the

honeycomb panel being much stronger. The core failed every time for the

honeycomb tests while the bond failed every time for the sheet metal tests

(See Test Section). The reason for this is that the sheet metal is so

flexible the analytical bond stress distribution shows some 49 percent of the

bond pushing the other 51 percent apart. Even so, the t-st results (See Test

Section) are very much greater than the requirements to resist the pressure

loads.

In the frame-bending test, Figure 74, it was definitely observed that

the first failure was a break in the skin to a shear tee bond locally at the

abrupt discontinuity in the shear tee where it was notched to permit the

longeron to pass through. Once this happened, the skin over the shear tee

cutout was free to buckle, thereby reducing the effective frame bending

strength and stiffness at that location. The frame bent sharply and the bond

between the skin and shear tee unzipped at two of the three frames in the

panel. The load developed was sufficient to meet the design requirements

but the mode of failure was so undesirable that the shear tee cutout area

details will be improved for subsequent work. There was also some indication

in the testing of some of the stiffened shear panels that the abrupt discon-

tinuity in the shear tee triggered the failure. While all of the shear panels

tested developed adequate strength, those with external longerons or honeycomb

skin had uniform uninterrupted frames and attained consistently the highest

strengths. It is now evident that the nature of the stiffening of shear

panels can be more important even than the basic skin gage. If, as is often

the case, the frame cripples locally at the frame/longeron intersection,

local reinforcement of the frame outer cap or improved detailing of the

intersection is a more expeditious approach to increasing the panel strength

than raising the skin gage.
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Slow Cycle Fatigue

The service experience with adhesive-bonded joints falls into two

categories - those which last apparently forever, and those which have fallen

apart completely under environmental attack. The service failures have been

attributed to inadequate or improper surface preparation in conjunction with

adhesives which absorb much moisture. The use of phosphoric acid anodize

surface preparation in combination with an environmentally resistant primer

should eliminate problems associated with the use of FPL etch under inadequate

control. Therefore, there should be no reason to anticipate further environ-

mental or durability problems for the adhesive. Prior bonding experience

has been mainly with doublers rathe.- than structural joints. (As far as the

adhesive is concerned, however, it is worked equally hard in both cases, as

explained in Figure 75.) Therefore, those satisfactory service experiences

from past applications indicate that adhesives can be strong enough and

durable enough for the primary structural applications in PABST.

Boeing fatigue tests ,.t slow cycle rates of the new-generation 250°F-

cure modified epoxy adhesives indicated the probability of inadequate life

when the adhesive was tested in a hot (140 0F) humid (100 percent RH)

environment at load rates and durations more representative of service condi-

tions than the customary 30Hz used in prior testing. The differences between

testing such a joint and one more akin to real geometry are not well under-

stood. This is explained in Figure 76. So, to the original task of

demonstrating that more extensive use of adhesive bonding should be made in

fuselage construction, the program had to prove also that the new adhesive

selected had adequate environmental durability. This has led to an extensive

slow cycle testing program in which the cycle consists of five minute load-

up, 15 minutes hold, five minutes unload, and five minutes hold. The test

environment is nominally 140'F, 100 percent RH. The joints tested include
double-strap splices for 0.04 inch and 0.08 inch skin using aircraft geometry

overlaps, 1.15 and 1.94 inch, respectively. A small number of thick

adherend short overlap specimens (half inch single overlap in 0.25 inch

plate) has been included. It is planned to add tension tee testing as well.

149 -

PRECEDING PAGE BLAWO.XOT 1ZUEM



ww
z w

(00

w0
Cy) w cc

w >U

w
U

w ow

Ax w

W Z

150



U.

0n 0U Cd

zd x< 0wr
20 0 0 C)u > -

I-- i <
4< w c 0 - -

Cd) CC0

CC >- c'o a z
u 5: uj CC 0 UU,:

0 r 0 ) >Z-

Cd) CC, Cd) -J m 2

> DU >-

0 U. 0aU
LL) z2 Cd) CC- 0z

Z w Z ccw

z~ ~ 0 >- .~U
U 0

0 i-rCL L) 1j W < Z
-1 ZW E(d Urr UD U. -

040 u 0 x c 0 0 Wi

C4

ww
WU W 0 > w

W CC x -i V5 ?
>Wi WI wi

> xC)D 0~I

Z W Z u 0 ul -
>~ 0 Z cc

U >C. 0- 0 D d
U coc c > z Cd)V
- , 0 wj wO UQ -

4 W 00 I-< Z

w 4 <" -

cc 0d 0 0zJ-
3: z u ~ >eWZx W 0d

*0 0 0 * . D

151



A successful conclusion to this phase of the testing would be no failures in

specimens other than the thick adherend short overlaps. The slow cycle test-

ing will continue through later phases of the program. It is anticipated that

the fatigue failures at bonded joints in the structure will be in the metal,

not the adhesive.

Some exploratory tests were run to assess the influence of local creep

in the adhesive, at the ends of the overlap, on the overall response of ad-

hesive bonded joints under repeated loading. Two double-lap joints were

butted back-to-back to magrify the signal and strain gages were glued across

the gap. Repeated tests were run for 30 min. (DAC) cycles and 85 min.(Boeing)

cycles. Specimens of two widths were run, with 0.080 inch central adherends.

The same loads were applied to all specimens in every cycle. The ad-

hesives does not affect the fatigue life of bonded joints when those joints

are of real structural configurations. The load versus strain gage signals

were not identical for the first few cycles but became so by about the fifth

cycle. Most importantly, even though recovery was not complete during the un-

loaded portions of the cycles, by the end o'f each loaded segment the strain

gage readings were identical - that is, what creep there was at the extremi-

ties of the overlap was shown not to be cumulative. This is because, for a

given load, the joint deflections are dominated by the strains in the metal.

The adhesive strain is zero in the middle o:' the overlap, ,o the relative

motion at the ends of the overlap, across the glue line, is always the same

for a given load. This is not the case for the short overlap joints, such as

the thick-adherend and RAAB specimens, in which the progressively accumulated

adhesive creep leads to failure of the adhesive under slowly repeated loads.

This factor is very impcrtant in projecting from the behavior of joint coupons,

specially configured to enforce bond failures, to joints of real structural

proportions, designed to develop the full strength of the metal. The tests

reported above verified the adequacy of the test technique which, so far at

least, is the only one shown to have given consistent readings from such

small signals - adhesive strains are small enough to be difficult to measure

but the perturbations on these due to creep are sub-microscopic. The result

lend confidence to the belief that structural adhesive joints will not fail

in service due to fatigue of the bond.
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Strength of Flawed Bonded Joints

Future testing planned for the PABST program includes an extensive in-

vestigation into the effect of defects in the bonds. These tests are to be

conducted at the DAC slow cycle rate (5 minutes loadup, 15 minutes hold, 5

minutes unload, 5 minutes dwell) in a 140 0F, 100 percent RH environment.

The scope of the program is outlined in Figure 77. The specimens are double-

lap splices, sheet-metal tee skin/stiffener combinations and honeycomb/tee

joints. The flaws considered include both processing variables which are

likely to lead to incompletely cured adhesive that could react adversely with

the environment and a variety of mechanical defects. The latter include

porosity, voids, and a bondline which has been fractured at the edges.

Experience at Douglas with the new 250°F curing epoxy adhesives indicates

these adhesives flow so much that it has been difficult to deliberately

create such a flaw. Anticipated improvements in the manufacturing methods

for bonded assemblies will make the detail parts fit together better for

bonding so that the incidence of natural flaws will be negligible. Prelimin-

ary testing of bonded coupons at MCAIR for the PABST support program

"Definition and Non-Destructive Detection of Critical Adhesive Bond-Line

Flaws" has established that bond flaws do not grow under high frequency

testing - the metal fatigues away just as for unflawed bonds. Therefore,

any such investigation must be conducted at load rates and durations close to

those experienced in service. The adhesives to be employed in this investi-

gation include: (1) FM-73, the selected 250°F adhesive for PABST, (2) the

selected room-temperature curing adhesive for enhancing the fatigue life of

the mechanical splices at the manufacturing breaks, AF-55. AF-55 is radio-

opaque permitting inspection by X-Ray, and (3) PL729 which is a higher

temperature curing epoxy used on the B-l and is less likely to be sensitive

to the environment.

Those flaws which would permit corrosion of the structure will naturally

be repaired prior to delivery. For other local flaws it is likely that the

effect of the flaw will be nullified by transferring load into the otherwise

lightly-loaded elastic trough in the adhesive. If the global, as opposed to

local, problems due to out-of-tolerance processing prove to be a problem

during test it will be necessary to tighten up the processing and inspection
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techniques to remove faulty parts for re-treatment prior to assembly. Other-

wise, the bonded structures are anticipated to be very tolerant of local

bond flaws during manufacture and service.

Analysis into bonded defects is proceeding along two paths. The one-

dimensional stepped-lap joint analysis program A4EG has been modified to

permit variable adhesive properties and thickness along the length of the

overlap. This program also can account for partial or complete local voids

in the adhesive which redistribute the load transfer along the load direction.

This program is being debugged. A two-dimensional analysis program has been

prepared for flaws large enough to affect a gross redistribution of load

transfer, as explained in Figure 78. The latter program has been modified to

account also for the adjacent parallel stiff and sofl load paths associated

with variable thickness adhesive bonds. This work will be reported separately

when completed.

N-BON BOND' -

'Tp Oc

ADHESIVE SKIN STRESSES
STRESSES - T

* LOW STRESS IN BOND * IF METAL YIELDS
AND SKIN SO AS NOT PRIOR TO BOND
TO PROPAGATE FAILURE, FLAW
DISBOND PROPAGATES

FIGURE 78. REDISTRIBU7ION OF LOAD AT FLAWS IN BOND
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STRUCTURAL TESTS

Structural tests on small specimens and on large flat and curved panels

were Londucted in Phase Ib to obtain allowable strength data and to verify

that the fatigue and damage tolerance criteria could be met. The large static

and cyclic load panels are identified and the panel sizes and loading methods

tabulated in Figure 79

The following subsections describe: (1) the tension tee tests, (2) the

shear, tension-shear interaction, and compression-shear interaction tests,

(3) the frame bending test, and (4) the fatigue and damage tolerance uniaxial

and biaxial tests.
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Static Tests

Tension Tee Static Tests. - These tests were made to determine the joint

static strength between the frame tee shear clip and the skin under the

simulated cabin pressure (14.3 psi ult) load. The test results are summar-

ized in Table 18 and 19. All failures in Table 18 were in the bond

and generally of the cohesive type failure. All failures in Table 19

were in the honeycomb core except as noted.

TABLE 18
TENSION TEE TEST

FAILURE LOAD DESIGN
TEST TFP LOAD

SKIN ADHESIVE PRIMER -50 + 5F R.T. 140 ± 5-F -50F

0.090 707S-Tf2 F 73 BR 127 1740 LL 249 LB
0.040 7075-T6 FM 73 BR 127 1595 LB 389 L9

0.090 7075-T6 AF 55 XA 3950 4000 LB 249 LB

.090 7075-T6 M 1133 BR "127 2170 LB 249 L

0.090 7075-T6 AF 55 XA 3950 5910 LB 5050 LB 5075 LB 249 LB

0.090 7075-T6 M 1133 BR 127 2640 LB 4650 - 249 LB

0.040 7075-T6 AF 55 XA 3950 1670 LB 3700 LB 4220 LB 389 LB

0.040 7075-T6 M 1133 BR 127 2105 LB 3275 LB 3358 LB 389 LB

P

ALSO TAPERED FLANGE

/.o

P
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TABLE 19

TENSION TEE TEST - HONEYCOMB

FAILING DESIGN
FACESHEET CORE TEE TEST LOAD TYPE OF* LOAD
THICKNESS DENSITY THICKNESS TEMPERATURE (LB) FAILURE

0.020 3.4PSF 0.050 -50 2580 (1) 462
7075-T6 AMBIENT 2530 1

+140 2460 1

0.020 5.2 0.050 -50 3720 (1) 462
7075-T6 +140 3830

0.020 7.9 0.050 -50 5210 (2) 462
7075-T6 +140 3340 (2)

0.020 5.2 TAPERED -50 3580 (1) 462
7075-T6

0.040 5.2 0.094 -50 4100 (1) 392
7075-T6

700 7.9 0.094 -50 6975 (1) 392

*(1) CORE SHEAR (2) FACESHEET TO CORE BOND DELAMINATION (TENSION)

ALSO TAPERED FLANGE

0.8

P
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Shear Static Test Panels. - These tests were to determine the static shear

and the combined shear plus tension or compression strenath of the fuselage
shell concepts, Figure 79. The test results are shown in Tables 20 and 21.

All visible evidence of the test specimens indicated that failures initiated

in the metal with occasional secondary adhesive disbond. A significant

observation is that, in those specimens having shear tee cutouts at the frame/

longeron intersections, failure was initiated by crippling of the Z frame

flange closest to the skin. It should be noted also that, in the absence of

such cutouts, the shear tee was often ripped along the web/flange intersection,

with the flange still bonded securely to the sharply wrinkled skin.

TABLE 20
SHEAR - COMPRESSION/TENSION
INTERACTION STATIC TEST PANEL

ADHESIVE FM73, PRIMER BR127, TEST TEMP = 140°F

TEST DESIGN

SPEC SKIN SHEAR AXIAL SHEAR AXIAL
NO. 7075T6 LONGERON (KSI) (KSI) (KSI) (KSI)

20 0.05 18.1 -29.2 17.8 -14.0

24 0.05 _E 23.0 56.5 13.4 55.4

20 0.09 NONE 16.9 -8.7 16.3 -84

24 0.05 30.6 67.9 13.4 55.4
'14

20 0.05 18.0 -18.2 17.8 -140

AXIAL STRESS - = COMPRESSION, + TENSION

.SEE FIGURE 79
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TABLE 21
SHEAR STATIC TEST PANEL NO. 22*°*

PRIMER BR127

ANALYSIS
TEST DESIGN FAILURE

SKIN TEST SHEAR SHEAR PREDICTION
7075T6 LONGERON ADHESIVE TEMP (KSI) (KSI) (KSI)

0.04 FM73 -50°F 19.8 13.0 18.3

0.09 RIVETED R.T. 24.6 20.0 21.8

0.09 FM73 R.T. 26.5 20.0 21.8

0.04 J M1133 -50°F 27.5 13.0 18.3

0.04 M1133 140°F 25.3 13.0 18.3

0.09 NONE FM73 140°F 19.6 20.0 10.6

0.09 NONE FM73 140°F 23.8 20.0 12.6

(202473)
t = 0.02, t = 0.020 *  NONE FM73 R.T. 42.6 13.0 23.5

to = 0.04, t = 0.04 °  NONE FM73 140°F 480 39.0 23.5

0.0434 J L FM73 140°F 30.7 13.0 23.3

'12 IN. FRAME -48 IN. FRAME -SEE FIGURE 79
SPACING SPACING

Frame Bending Test. - These tests determine the static strength of a typical

frame-longeron-skin combination, Specimen 23 on Figure 79, under pure bending

in the frame. The test setup and frame section properties are shown in

Figures 80 and 81 respectively. The test results are shown in Figure 73.

Initial failure occurred for a one-inch length in the bond between the skin

and frame tie shear clip, starting at the edge of the shear clip cutout for

the longeron, followed by complete disbond between longerons and subsequent

frame crippling.

162



4

_ _I- FRAME #1

24" TYP

P FRAME #2

- _ -- - "-- FRAME #3

LONG LONG L., LONG

#1 #2 I #3
DALI

GAGE,,.15TY

808R
~P

2 3 ' 1 8 11
TYP

* 56,742 IN-LB

*FAILING LOAD BENDING MOMENT

AND MOMENT
PER FRAME

"2450 LB SHEAR

FIGURE 80. FRAME BENDING TEST (SPECIMEN 23)
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Fatigue and Damage Tolerance Tests

The fatigue and damage tolerance tests in Phase Ib of the PABST program

were designed to:

(1) Evaluate bonded structure to determine if there are significant

improvements in fatigue life and damage tolerance when compared

to equivalent riveted structure,

(2) Demonstrate that the internal longeron, external longeron, and

honeycomb design concepts meet the fatigue and damage tolerance

criteria of MIL-A-008866, MIL-A-83444 and the additional DC-lO

residual strength criteria,

(3) Demonstrate correlation with analysis procedures.

The first series of tests (Specimens 1, 3 and 4) using panels with

Z sections attached to skins by bonding and riveting did show that bonding

reduced the rate of flaw growth particularly in the region of the stiffener.

This was due to the greater stiffness of the adhesive which resulted in the

stiffener picking up the skin load much more rapidly than would be the case

with the more flexible rivets. The residual strength showed a marginal

improvement over the equivalent mechanically fastened panels. The absence

of fastener holes naturally resulted in improvement of fatigue life.

Later tests (Specimens 21 and 30 on Figure 79) showed that each of the

three concepts could and did meet the damage tolerance, fatigue and residual

strength criteria. The analysis/test correlation was also good. At least

one problem area was uncovered during the internal longeron flaw growth time

history test. It was found that, at the frame longeron intersection in the

shear tee cutout area, a severe fatigue stress concentration existed. This

was due to the discontinuity of the frame shear clip at the longeron trans-

ferrin; a shear clip load into the skin. Due to the high stiffness of the

bond, the load was transferred locally into the skin in the region of the

shear clip cutout with the result that fatigue cracks were developed in four

of the eight cutouts in the panel. The remaining four cutouts had the

longerons joggled over a skin splice so there was much better continuity of

load path. Though this cutout condition does exist in mechanically fastened

structure, the greater flexibility of the fasteners permits the load to be
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transferred over a greater length of 
the frame and thus shear into a greater 

2

width of the skin. The modification to correct this situation was to bridge

the shear tee cutouts with straps extending from the tee flanges to the[I
longeron flange. This modification was incorporated in the subsequent

residual strength panel. This panel attained the required life. The cutout

area remained highly stressed and demands continued attention. No cracks

developed in or near these bonded straps in the absence of initial flaws.

However, where the skin was pre-cut at one of the cutouts in the shear tee,

the splice strap cracked completely through on one side and debonded on the

other side.

During this entire series of tests, great care was taken to monitor the

bondlines, and the growth of known bondline flaws. There was no instance of

disbonding or bondline flaw propagation during any of these tests. There

were cases of disbonding Dut these were all initiated and propagated by metal

yielding. A typical test installation is shown below.

iii ~ ii . 4

:1661
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Riveted vs Bonded Damage Tolerance Tests. - This series of tests compared the

crack growth and residual strength characteristics of riveted and bonded

reinforced aluminum panels.

Test specimen configuration, Specimen 1, and details are shown in Figure

82 and Table 22 toether with a summary of the test conditions. All the

panels were tested at room temperature except one of the bonded panels which

was tested at 140'F. Each of the bonded panels was inspected ultrasonically

and some voids were found along the free edge of the Z section stiffener.

There was no evidence of these voids propagating during the test, nor did

they significantly influence the test results.

The panels were all subjected to a constant amplitude stress cycle

Omax = 14,000 psi R = 0.05.

The rate of cycling was approximately 3Hz on the Schenk Machine.

Each panel was cycled until the cracks were grown from the initial 0.25

in. sawcuts to predetermined lengths. When these crack lengths were achieved,

the panels were loaded statically to failure to determine the residual

strength.

The crack growth time history data for the two-stringer panels are shown

in Figure 83 . The interesting feature is that as the crack approaches the

stiffener, the retardation in the bonded panel was significantly greater than

in the corresponding riveted panel. This is due to the higher stiffness of

the adhesive which permits faster transfer of load out of the skin and into

the stiffener; i.e., more effective in retarding crack growth.

For the single stringer panels with the initial flaw in the skin under

the stiffener flange, see Figure 84, the adhesive showed a higher crack

retardation than the riveted panel. It should be noted that the bonded panel

which was tested at 140°F showed an even greater crack growth life than the

bonded room temperature specimen. It would appear that decreased bond

stiffness with temperature should result in faster crack growth. Though there

is no data to substantiate this, it is thought that the basic material da/dN

characteristics improve with temperature, at least in the lower Ak ranges.
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TABLE 22

SUMMARY OF TEST CONDITIONS, SPECIMEN 1

STIFFENER INITIAL FLAW GROSS FINAL
TO SKIN NUMBER OF SIZE AND AREA CRACK TEST
ATTACHMENT STIFFENERS LOCATION IN - SIZE CONDITION

Riveted 2 1.0 in. mid 2.742 13.80 R.T. Lab Air
bay at sym.
center line

Bonded 2 1.0 in. mid 2.742 14.03 R.T. Lab Air
bay at sym.
center line

Riveted 1 .100 in. 1.497 6.00 R.T. Lab Air
flaw on one
side of the
countersink

Bonded 1 .25 in. 1.497 5.99 R.T. Lab Air
flaw at
panel
center line
in the skin
under stiff-
ener flange

Bonded 1 1.497 6.04 1400 F Dry Air
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Also, this improvement in da/dN could dominate the loss of stiffness of the

adhesive. Perhaps an increase in strain energy of the adhesive, because of

its greater ductility at 140 0F, is capable of explaining the improved life.

From the above, it is apparent that significant improvements in crack

growth time histories can be anticipated in bonded skin-stiffener structure.

A chare.:teristic of 2024-T3 material is slow stable crack growth

under static load. Each of the five panels exhibited this phenomenon as

shown in Figures 85 through 87. The failure loads of each panel were:

Crack Length Failure

Panel Configuration at Failure-In. Load-Lb.

Two Stringer Riveted 16.5 73,887

Two Stringer Bonded 15.45 83,903

Single Stringer Riveted 6.79 44,418

Single Stringer Bonded (R.T.) 6.72 47,042

Single Stringer Bonded (140'F) 6.58 46,128

Though the bonded panels show d higher residual strength than the

corresponding riveted panels, the differences are not great and could be

explained by the variations in the total crack length at failure. Analysis

of the fa4lure indicated tne following sequence:

(i) Stiffener yielding at a gross area stress of 23,000 psi;

(ii) Stiffener to skin disbond for approximately 2.8 in. on each

side of the crack;

(iii) Stiffener to skin disbond increasing to 3.5 in. with increasing

load to 30,600 psi remote stress;

(iv' At the remote stress of 30,600 psi, the skin crack tip stress

intensity reaches critical value and results in fast fracture

of the skin;

(v) Next, the stiffeners disbond from the skin and fail at the ends.

The stiffeners had parmanent set on examination after the test.

Significant improvements can be expected in the damage tolerance charac-

teristics in using adhesive bonding to join skin et d stiffeners.
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Fatigue Test of Bonded Splice with Metal Flaws. - A full scale panel, with a

typical bonded symmetric skin splice, was fatigue tested with metal flaws in
the skin and doubler. This test was conducted to determine the number of

cycles necessary to initiate a crack in the adjacent element for cases where

a primary crack terminates due to an element failure.

The details of the specimen, 4A, are shown in Figure 88. The significant

features of the panel design are the .090 thick skins and .050 doublers made

from 2024-T3 bare sheet. The elements were bonded using phosphoric acid

anodize, BR127 primer and FM73 adhesive.

The flaws were eloxed in the skin and doubler before bonding as shown
in Figure 88. Test loads and environment planned for this specimen are

given it, Table 23.
TABLE 23

TEST LOADS FOR PANEL 4A

0 Max Max Load Min Load Test Temp.
No. PSI R Pounds Pounds Cycles OF

1 14,000 .05 31,400 1,600 100,000 140°F

2- 16,000 .05 35,900 1,800 85,000 140OF
3 20,000 .05 44,900 2,200 100,000 140OF
4 24,000 ,05 53,900 2,700 26,040* 140°F

Panel failed after 26,040 cycles at Umax 24,000 psi.

Two strain gages were installed on the panel. One on the doubler over the
elox slot in the skin and the second on the doubler opposite and over the elox
slot in the doubler. The crack growth in the skin was monitored by X-rays

uiiil the crack grew pdst the splice doubler. Table 24 gives the crack
length and dsiociated strair gage data as functions of cumulative fatigue
cycles.
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TABLE 24

CRACK LENGTH AND STRAIN GAGE DATA SPECIMEN 4A

LOAD - LBS. No. OF DOUBLER CRACK SKIN CRACK
(STRESS-PSL) CYCLES CRACK DOUBLER CRACK DOUBLER

(SRSSHISTRESS CYCLES STRESS
LNT PSI LENGTH PSI

31,400 0 0.25 in. STRAIN 0.22 in STRAIN
40,000 .27 GAGE GAGE
60,000 .32 NOT NOT

(14,000) 80,000 .37 INSTALLED INSTALLED
100,000 .44

100,000 .44 14,730 16,770
120,000 .55 14,150 16,830

35,900 140,000 .70 13,600 16,420
160,000 .83 12,100 17,100

(16,000) 180,000 .92 11,640 17,380
185,000"* .96 11,630 0.65 17,490

185,000 .96 15,610 21,750
195,000 1.14 -
205,000 1.29 14,670 22,940
215,000 1.43 -

44,900 225,000 1.62 14,170 23,840
232,000 1.70 14,110 24,170
245,000 1.82 13,740 24,320

(20,000) 249,620* 1.92 13,300 24,400
265,000 1.92 13,480 24,880
279,380 2.42 13,840 25,200
285,000 2.43 14,060 24,980

285,000 2.43 17,630 30,320
295,000 2.64 18,700 2.45 32,020
302,010 2.80 19,460 2.58 33,050

53,900 305,000 2.82 - 2.63
308,000 2.90 - 3.00 GAGE

(24,000) 309,630** 2.92 19,830 3.60 OUT
310,470 2.92 - 4.25
310,800 2.93 - 4.50
311,040 - - FAILED

* Double crack propogated to R/H edge of doubler.

** Crack length measured by X-ray.
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The following observations were made on examination of the specimen after

the test:

(1) There was no evidence of any disbonding as the flaws propagated

through both the skin and doubler,

(2) The final failure occurred through the skin flaw. Though approxi-

mately 15,000 cycles at Omax = 24,000 psi were applied to the

panel after the crack reached the edge of the first skin under the

doubler, no evidence of a fatigue nucleus was found in the second

skin adjacent to the crack,

(3) The flaw in the doubler propagated on both sides of the elox slot

until it reached the near side edge at 249,620 cycles. It then

continued to propagate on the other side until panel failure through

the skin flaw. There was no evidence of a fatigue crack developing

in the skin or in the opposite doubler.

Fatigue Test of Bonded Splice with Adhesive Flaws. - A full scale panel,

Specimen 4B, with a typical bonded symmetric skin splice, was fatigue tested

with built-in adhesive flaws in the bond area. The growth of these flaws was

to be monitored by periodic non-destructive inspection and by photo stress

methods. After completion of the test, the specimen was to be cut up and

peeled apart to study bondline flaw growth, if any.

The test specimen details are shown in Figure 89 showing the intended

size and locations of the bondline flaws. The skin and doublers were made

from 7075-T6 bare material. The specimens consisted of three skin splices:

(1) Constant doubler thickness splice at the upper grip end,

(2) Symmetric centerline splice with flaws,

(3) Tapered symmetric splice at the lower grip end.

The bondl;ne flaws were to have been achieved by cutting out the

adhesive to the size and locations of the desired flaws. However, during the

curing process, adhesive flowed in to fill the void and only a small irregular

flaw was achieved at the centerline. The test loads planned for this spec'-

won were as shown in Table 25.
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TABLE 25

TEST LOADS FOR THE BONDED SYMMETRIC SKIN SPLICE SPECIMEN 4B

Gmax Pmax Pmax NO. OF PHOTO STRESS
NO. psi R Pounds Pounds CYCLES DATA RECORDED

__ AT .CYCLES
1 14,000 .05 60,500 3,000 100,000 0; 20,000,

40,000; 60,000
80,000

2 16,000 .05 69,000 3,500 100,000 0; 20,000,
60,000

3 18,000 .05 77,800 4,000 100,000 0; 40,000,
80,000

4 20,000 .05 86,500 4,300 100,000 0; 40,000,
80,000*

5 24,000 .05 103,700 5,200 100,000 0; 40,000

* Oblique angle incidence photo stress fringe data at this point.

The above schedule was followed until failure of the test panel at

452,340 cycles; i.e., 52,340 cycles into loading at 24,000 psi.

The instrumentation consisted of photo elastic plastic bonded over both

sides and full width of the centerline splice and the skin ahead of the

splice. A short length (10 inches) of the photo stress plastic was applied

to one side of the lower grip end tapered splice. The locations of the points

at which photo elastic data was taken are shown in Figure 90. A set of photo

elastic stress data taken at 20,000 psi and 80,000 cycles is given in Table

Photo elastic stress data taken at the intervals indicated in Table 26

showed little or no variation. This demonstrates that the adhesive flaws did

not propagate during the test. This was later confirmed by a teardown inspec-

tion of the panel. The stresses measured by photo elastic method at points

100 through 112 are plotted in Figure 91. This stress distribution in the

splice doubler could only result from a shear stress distribution as shown in

the second curve of Figure 91 A color photograph of the fringes in the

photo elastic plastic at 24,000 psi are shown in Figure 92 . These indicate

a variation from nominal stress at the middle of the splice by up to 25

percent, which is attributed to the different stiffnesses of variable thick-

ness bondlines.
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TABLE 26

PHOTO ELASTIC STRESS DATA AT 20,000 PSI

POINT P Q POINT P Q
NO. psi psi NO. psi psi

9 19,741 363 100 15,224 288

10 19,069 -738 101 15,888 1,179

11 19,083 271 102 16,867 1,408

12 915 -4,559 103 14,550 '-507

13 7,634 -3,425 104 13,907 -614

14 11,281 -1,180 105 11,961 279

15 14,715 438 106 10,794 -754

16 12,088 -1,805 107 10,446 -351

17 21,120 2,012 108 9,039 -1,276

18 22,681 2,681 109 5,752 -3,FQ9

19 19,113 407 110 5,569 -1,343

20 -736 -5,961 111 3,787 -982

21 9,145 -1,571 112 11,365 -1,416

22 11,393 -1,789

23 15,220 1,101

24 13,552 -78
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The panel failed after 452,340 cycles; i.e., 52,340 cycles into the

24,000 psi load level. The failure originated at the corner of the lower

tapered splice. There was evidence of fatigue crack for approximately 0.8 in.

from the edge. The rest was static failure. This was confirmed by electron

microscope fractographic examination.

Fatigue Test of Bonded Single Lap Splice. - This test was conducted to

determine the fatigue life of a bonded, single lap, hoop splice under varying

fatigue cycle loads at both elevated (140°F) and room temperatures, Specimen 3.

The location and mode of failure, crack propagation, and the load redistribu-

tion in the panel due to metal or adhesive creep were also test objectives.

The test specimen details are shown in Figure 93. The significant

features of the design are:

(1) 7075-T6, .09 in. bare sheet skins,

(2) 7075-T6, .125 in. bare sheet doublers,

(3) 7075-T6, bare sheet skin splice tapered from .125 in. to .040 in.

at the edges,

(4) 7075-T6 extrusion longerons.

The skins, doublers, longerons and splice were bonded using BR 127

adhesive primer and FM-73 adhesive. The assembly was ultrasonically inspected

prior to testing.

The test loads are shown in Table 27.

TABLE 27

SPECIMEN 3 TEST LOADS

LOAD MAX LOAD MIN LOAD MAX STRES SPECIMEN CYCLE NUMBER OF
NO. KIPS KIPS KIPS TEMP. OF RATE CYCLES

1 41.9 2.13 16.0 144 3 Hz 100,000

2 62.8 3.20 24.0 R.T. 3 Hz 33,400*

* Panel failure occurred at 33,400 cycles at maximum load.
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Static loads of 41,900 lbs. and 62,800 lbs. were applied and held for as

long as 4 hours and 140OF to determine stress redistribution due to adhesive

creep. Four strain gages were installed on the panel as shown in Figure 93.

Not shown are seven thermocouples used to monitor the temperature. Creep

data was recorded prior to fatigue testing. Table28 shows the stresses at

each gage location as a function of load at 1400F.

TABLE 28

STRAIN GAGE UATA PRIUR TO FATIGUE TESTING

LOAD GAGE-GI GAGE-G2 GAGE-G3 GAGE-G4
-KIPS STRESS-KSI STRESS-KSI STRESS-KSI STRESS-KSI

0 0 0 0 0

10.5 2.62 2.20 -0.77 -2.71

20.9 5.19 4.04 -1.32 -4.85

31.4 7.75 5.81 -1.71 -6.56

41.9 10.33 7.60 -1.94 -7.90

0 0.00 0.00 0.01 0.00

Temperature +140°F

The load was held at 41,900 lbs. for one hour, the strain gage data being

recorded at 10 min. intervals. The load redistribution in ths panel is shown

in Table 29.
TABLE 29

CHANGE IN STRAIN GAGE DATA

TIME GAGE-Gl GAGE-G2 GAGE-G3 GAGE-G4
MIN. ASTRESS-KSI ASTRESS-KSI ASTRESS-KSI ASTRESS-KSI

0 0 0 0 0

10 -0.06 -0.11 -0.24 -0.43

20 -0.08 -0.13 -0.33 -0.58

30 -0.08 -0.16 -0.39 -0.68

40 -0.10 -0.17 -0.43 -0.75

50 -0.10 -0.19 -0.47 -0.80

60 -0.10 -0.20 -0.48 -0.84

Load held at 41.9 KIPS (16 KSI Stress) and at 140°F. (Load held at 41.9K to

determine load redistribution in panel due to creep).
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It should be noted that the Z stiffeners are bonded to the panel for their

entire length with no mechanical fasteners used. However, the important

point is that strain gages are sensitive to load redistribution because of

bondline creep. Table 30 shows the strain gage data taken at room tempera-

ture up to a load of 62,800 lbs. TABLE 30

STRAIN GAGE DATA PRIOR TO FATIGUE TESTING - R.T. (80°F)

LOAD GAGE-Gl GAGE-G2 GAGE-G3 GAGE-G4

-KIPS STRESS-KSI STRESS-KSI STRESS-KSI STRESS-KSI

0 0 0 0 0

10.5 2.54 2.00 -0.60 -2.29

20.9 5.08 3.81 -0.97 -4.03

31.4 7.63 5.59 -1.19 -5.43

41.9 10.19 7.41 -1.28 -6.51

52.3 12.70 9.16 -1.39 -7.57

62.8 15.25 11.01 -1.52 -8.46

This maximum load was held and changes in the four gages recordea as shown in

Table 31, indicating bondline creep even at room temperature.
TABLE 31

CHANGE IN STR AIN GAGE UATA AT 62.8 KIPS CONSTANT LOAD

TIME GAGE-Gl GAGE-G2 GAGE-G3 GAGE-G4
MIN. ASTRESS-KSI ASTRESS-KSI ASTRESS-KSI ASTRESS-KSI

0 0 0 0 0

10 -0.02 -0.06 -0.05 -0.30

20 -0.03 -0.09 -0.13 -0.45

30 -0.04 -0.10 -0.17 -0.53

40 -0.06 -0.13 -0.21 -0.60

50 -0.04 -0.11 -0.21 -0.63

60 -0.03 -0.11 -0.23 -0.66

24.0 KSI stress at R.T. before start of fatiaue cycling. Load

held at 62.8 KIPS to determine load redistribution due to creep.
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During the 41,900 lb. maximum fatigue load (16 KSI stress) cycle testing

strain gage readings were taken before the cycling began, after 42,600 cycles,

and after 100,000 cycles. This data is shown in Table 32.
TABLE 32

STRAIN GAGE DATA FOR THE 41.9 KIPS FATIGUE TEST

LOAD GAGE-GI GAGE-G2 GAGE-G3 GAGE-G4
KIPS KSI KSI KS: KSI

0 0 0 0 0
10.5 2.71 2.71 -0.88 -2.99 Readings taken just
20.9 5.30 4.10 -1.46 -5.26 prior to start of
31.4 7.88 5.89 -1.87 -7.09 fatigue cycling at 1400
41.9 10.46 7.67 -2.13 -8.48

41.9 10.21 6.82 -2.92 -10.28 Readings taken after
1.4 7.76 5.13 -2.52 -8.53 42,600 fatigue cycles

20.9 5.16 3.47 -1.90 -6.18 at 140°F
10.5 2.56 1.83 -0.98 -3.04
0 -0.17 -0.22 0.17 0.58

0 0 0 0 0
10.5 2.67 1.95 -1.21 -3.62 Readings taken after
20.9 5.18 3.47 -1.99 -6.38 100,000 fatigue cycles
31.4 7.72 5.01 -2.45 -8.33 at 140'F
41.9 10.24 6.64 -2.65 -9.67
0 -0.01 -0.02 -0.01 0.00

Table 33 shows the change in str-ain gage readings, with the load held at

41,900 lbs (16 KSI) and the temperature at 1400F, to determine load redistri-

bution due to adhesive creep after 100,000 fatigue load cycles.
TABLE 33

CHANGE IN STRAIN GAGE DATA FOR 41.9 KIPS CONSTANT LOAD

TIME GAGE-GI GAGE-G2 GAGE-G3 GAGE-G4
MIN. STRESS-KSI STRESS-KSI STRESS-KSI STRESS-KSI

0 0 0 0 0
20 -0.04 -0.07 -0.02 -0.06
40 -0.02 -0.06 -0.05 -0.10
60 -0.15 -0.19 +0.07 +0.02
80 -0.39 -0.46 +0.32 +0.27
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Table 34 then indicates the change in strain gage readings recorded, with the

load held at 62,800 lbs. (24 KSI) cind ambient temperature, to determine load

redistribution due to creep at the higher load.

TABLE 34

CHANGE IN STRAIN GAGE DATA AT 62.8 KIPS DUE TO
CREEP AT ROOM TEMPERATURE

TIME LOAD GAGE-GI GAGE-G2 GAGE-G3 GAGE-G4

HOURS KIPS ASTRESS-KSI ASTRESS-KSI ASTRESS-KSI ASTRESS-KSI

0 62.8 0 0 0 0
1/2 62.8 -0.04 -0.07 0.00 0.05
1 62.8 -0.06 -0.10 0.01 0.05

1-1/2 62.8 -0.07 -0.11 0.02 0.06
2 62.8 -0.09 -0.13 0.03 0.05

2-1/2 62.8 -0.12 -0.17 0.06 0.03
3 62.8 -0.14 -0.18 0.07 0.02

3-1/2 62.8 -0.19 -0.24 0.08 0.01
4 62.8 -0.22 -0.27 0.11 0.01

Table 35 shows the strain gage data recorded during the 62.8KIPS (24 KSI)

fatigue cycle testing. Readings were taken at zero cycles, 10,000, 20,000

and 30,000 cycles. Panel failure occurred at 33,400 cycles.
TABLE 35

STRAIN GAGE DATA FOR THE 62.8 KIP FATIGUE CYCLES AT R.T.

LOAD GAGE-Gl GAGE-G2 GAGE-G3 GAGE-G4
KIPS KSI KSI KSI KSI

62.8 15.23 9.91 -2.05 -10.92 Readings taken beforestart of fatigue
cycling

62.8 15.33 9.86 -1.41 -9.81 Readings taken after
10,000 fatique cycles

Readings taken after
62.8 15.23 9.72 -0.70 -9.09 R te20,000 fatigue cycles

62.8 15.22 9.67 -0.10 -8.48 Readings taken after
30,000 fatigue cycles

Panel failure occurred at 33,400 cycles.
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The panel failed after experiencing 100,000 cycles at Umax = 16,000 psi

and 140F and 33,400 cycles at Omax = 24,000 psi and room tempe-ature. The

failure initiated (-.n the faying surfacp side of the .125 in. thick splice

doubler approximately 4 in. from the edge of the panel. The location of the

failure in the splice doubler is shown in Figure 94 and the fracture face at

the fatigue origin is shown in Figure 95. Analysis of this panel predicted

both the high peel stresses and the high bending stresses in the splice plate

because of the eccentricity in load path.

A striation count of the fatigue origin indicated approximately 35,500

cycles of crack growth prior to failure. This number corresponds to the

number of cycles at Umax = 24,000 psi. It is therefore conjectured that the

fatigue crack initiated during cycling at Umax = 24,000 psi.

There was some evidence of bond delamination, adjacent to the skin

junction, by visual observation during the test. The extent of this delam-

ination was measured with the aid of dye penetrant and then prying the skin

and splice doubler apart. The extent of the disbond can be seen in the dark

areas in Figure 96.

One Bay Crack Growth Time History Specimen N30A . - This internal longeron

concept test was conducted to obtain crack propagation data and verify that

the initial flaw does not attain critical length in two lifetimes (38,028

cycles) or that a two inch crack does not attain critical length in two depot

inspection periods (9,807 cycles); and verify analysis methods.

Figure 97 shows the panel geometry and strain gage and failure locations.

The panel and splice doublers were of 7475-T761 bare aluminum sneet. The

frames and longerons were of 7075-T6 aluminum. The panel was installed in

the 1.5 million pound testing towers and cycled at approximately 1 Hz. The

applied stress was 17,800 psi with a R ratio of 0.05.

Table 36 records the strain gage readings at the maximum applied stress.

Failures 3-10 were skin cracks at the ends of the shear tee cutouts for the

longeron as shown in Figure 97. At 36,803 cycles, cracks 6, 8 and 10 joined

to precipitate failure of the panel.
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TABLE 36

N30A STRAIN GAGE READINGS TAKEN AT 12,000 CYCLES

STRAIN GAGE STRESS
NUMBER PSI

1 23,500

2 11,250

3 4,250

4 13,375

5 16,000

6 21,000

7 16,750

8 17,750

9 21,500

10 18,250

11 19,000

12 12,000

\
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As a result of this type of failure, engineering design changes were

incorporated in the remaining internal longeron concept flat panel specimens

to bridge the gaps in the shear tees at the longeron cutout. Crack lengths

for the failures noted in Figure 97 are tabled vs cycles in Table 37. Figure

98 is a sketch of the failure of the panel.

TABLE 37

N30A Crack Length vs Cycles

Total Crack Length - Inches

FAILURE NUMBER

CYCLES 1 2 3 4 5 16 7 18 9 10

0 .2 .2

3,000 .2 .2

6,000 .2 .2

9,000 .2 .2

12.000 .2 .2

15,000 .2 .40!

18,000 .2 .53

21,000 .2 .66(

24,001 .2 .77

27,000 .2 1.00

30,000 .2 1.240

31,370 .2 4.25

32,370 .2 4.97

33,191 .2 1.58

33,370 .2 6.10

34,100 .2 1.75C

34,370 .2 7.70

35,070 .2 1.87( 2.29 2.51 1.23 2.00

35,370 .2 2.05C 0.20

36,016 .2 2.05C 2.50 2.75 1.32 2.31

36,370 .2 14.10

36,800 .2 1.80

36,803 .2 2.78 1.12* 2.50 ** 8.50 2.63 3.18 1.13 1.46

Cracks 6, 8, and 10 joined to precipitate failure of the panel.
* Readings taken after failure

** Undetected visually after failure
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Crack Propagation and Residual Strength Test N30AB-1 - Two tests were con-

ducted on the N30AB panel which represented the internal longeron concept.

The purpose of the first test was to establish the adequacy of the modification

to the frame-longeron intersection area to retard crack growth in the skin.

The N30A panel previously discussed developed fatigue cracks 4n the skin at

the frame-tee discontinuity which ultimately led to failure. In addition,

the N3OAB panel was tested to demonstrate fail safety for foreign object

damage.

The test panel consisted of 108 in. wide skin panel stiffened by 5

equally spaced frames 24 in. apart. The panel was 144 in. long. At its mid-

point there was a longeron which intersected the frames creating 10 frame-tee

discontinuity areas. The panel is shown in Figure 99. Each of the frame-tee

discontinuities was reinforced by a cold bonded strap which bridged the gap

in the skin between the frame-tee flange and the longeron flange. This is

also illustrated in Figure 99. A 0.29 in. slot was sawcut in the skin between

two adjacent reinforcing straps. This slot lies in the narrow piece of skin

bounded by the longeron and frame tee-flanges in the vertical direction and

the two reinforcing straps in the lateral direction. The slot was centered

at the frame tee centerline of the middle frame.

The test loads were:

max 17,795 PSI , Pmax 148,944 Lbs
R = 0.05 Pmin 7,449 Lbs

The cycling rate was approximately 1 Hz.

The specimen was cycled at the above loads for 37,208 cycles. The crack

length was measured and strain gage data recorded periodically. At 37,208

cycles, the crack length had reached the objective of 15 inches, approx-

imately 7 1/2 inches on each side of the frame. The crack growth time

history data is plotted in Figure 100, and summarized in Table 38. The strain
gage data shows that there was little or no change in the value of the skin

stress until the crack tip grew to within 5 inches of the strain gages.

This complctcj Lne crack growth phase of the test.
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TABLE 38

Summary of Crack Growth and Strain Gage Data

Cycle Flaw STRAIN GAGE DATA @ MAX. LOAD PST
No. Length 1 2 3 4 5 6

In.

0 .290 24,000 11,100 17,700 17,600 24,800 -5,100

4,000 Crack 24,400 11,450 18,500 18,400 25,500 -5,400
Growth
Starts

6,000 .36 24,500 12,000 18,650 18,600 25,000 -5,250

12,000 .71 24,600 12,500 18,400 18,500 23,400 -5,000

16,000 .98 24,600 10,900 17,500 18,000 25,000 -5,100

20,000 1.39 24,000 10,600 17,500 18,200 25,200 -5,100

24,000 1.85 23,700 10,600 17,900 17,750 25,000 -5,350

28,000 2.36 24,800 10,900 17,000 18,000 24,800 -5,000

32,000 3.60 24,000 11,000 17,000 18,100 24,800 -4,800

34,000 5.53 24,000 11,000 17,000 18,500 25,000 -4,650

36,000 9.28 25,200 11,000 17,000 17,900 25,000 -4,400

37,000 13.66 29,800 11,900 17,900 18,400 26,200 -2,250

37,208 15.06 30,000 11,800 18,000 19,000 26,200 -1,000

2
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The second phase of the test was residual strenath for foreign object

penetration. This damage consisted of a 15-inch skin crack with the center

frame broken. The skin crack size had been achieved during the crack

propagation phase. The frame was sawcut, at the longeron-frame intersection,

above the skin crack to simulate the foreign object penetration. The fail

safe load was applied and sustained. This load was:

0Max = 18,400 PSI or Pmax = 153,770 Lbs.

The load was applied in 10% increments with a loading rate of 15,000 Lb/Min.

At 100% fail safe load the panel fast fractured and arrested at the two

adjacent frames. The load was dumped automatically. On reapplication of

the fail safe load,the panel failed at 154,000 Lbs.

The crack configuration at arrest is shown in Figure 101. The residual

strength diagram with the test points is shown in Figure 102.

Curved Panel Biaxial Fatigue and Damage Tolerance Test, Specimen N21.

This test of the internal longeron concept was conducted to determine the

effect of biaxial stress on fatigue and damage tolerance. Testing was

accomplished in the following order:

(1) Fatigue test for two lifetimes (38,028 pressure cycles),

(2) Crack propagation tests for two additional lifetimes. The flaws to be

created at the specified locations by saw cutting,

(3) Residual strength tests under the following conditions:

(i) Two bay longitudinal crack with the center frame intact,

(ii) Foreign object damage (15" sawcut) with outer frame broken.

The load cycle was as shown in Figure 103 with the hoop and longitudinal

loads being applied symmetrically.
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The internal pressure loads were applied by suction on the upper

surface such that atmospheric pressure on the inside surface created the

required AP across the panel. The longitudinal loads were applied by servo

controlled hydraulic actuators. The two systems were synchronized such

that thby achieved their peak values and decay simultaneously.

The pressure loads were reacted through a system of whiffle trees,

the reactions being measured by load cells. On application of AP = 7.15 psi

it was found that the total reaction load was well below the 116,000 Lbs.

desired. The AP value was increased to 8.6 psi at which the 116,000 Lbs.

reaction load was achieved. This was then the load at which the panel was

cycled.

Figure 104 shows the underside of the panel installed in the test fixture.

The longitudinal and transverse whiffle-trees are shown. It should be

noted that the frame loads are whiffled directly to the frames. A sketch

of the panel, Figure 98, sV'ws the locations of the damage tolerance (DT)

flaws, the residual strength (RS) saw cuts, and the strain gages.

The fatigue test consisted of 38,028 luad cycles. During this

test there were no fatigue cracks generated in the participating structure.

Subsequent to this, after the damage tolerance flaws were introduced, an

additional 38,028 cycles were applied. Other than the propagation of the

damage tolerance flaws, again no fatigue cracks were encountered in the

participating structure. After the residual strength tests, an additional

37,000 cycles,almost two lifetimes, were imposed on the specimen and still

no fatigue failures. The specimen was therefore subjected to total of

almost six lifetimes without experiencing any fatigue failures.

The damage tolerance flaws were introduced by sawcutting as shown in

Figure 105. The damage tolerance flaws are shown circled as DTl through

DT6. Strain gage locations are shown with circled numbers from 1 through

16. Flaws DT5 and DT6 did not grow at all during the entire test. lhe

flaw at the edge of the fastener hole indicated in Figure 105 , also did
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not grow. This flaw was ,nonitored periodically by X-rays during the test

w th no evidence of growth. The other three flaws DTI, DT2 and DT3 evidenced

rates of growth as detailed in Table 39

TABLE 39

Damage Tolerance Flaw Growth Time Histories

NO. OF TOTAL CRACK LENGTH STRAIN GAGE READINGS

CYCLES STR.GAGE STR.GAGE STR.GAGE AP
DTI DT2 DT4 # 11 # 12 # 16 PSI

0 .221 .250 .250

9,000 .221 .270 .250 12,483 9,739 17,390 8.894

12,000 .328 .270 .500 11,805 8,938 17,081 8.679

14,825 .328 .270 .540 11,990 9,061 16,895 8.679

18,000 .410 .280 .720 12,298 9,493 16,957 8.691

24,000 450 .280 .850 11,681 8,692 16,895 8.631

28,000 .510 .280 1.15 11,866 8,815 16,772 8.571

29,000 .560 .330 1.25

32,000 .660 .330 1.61
34,000 .670 .430 1.93 12,914 8,912 17,673 8.667

38,030 .91 .50 1 .95
42,030 _. _ 2.56

44,530 .65 2.80 11,281 9,031 16,957 8.613

47,530 3.05 10,849 9,697 16,338 8.649

49,530 1.58 3.20

51.530 3.43 11,897 8,987 17,081 8.517

54,030 1.75 3.72 __

57,465 4.21

59,530 2.82 [ 1.12* 4.63 ___________

*C

Crack from west end of initial sawcut entered skin splice bondline
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TABLE 39 (CONTINUED)

Damage Tolerance Flaw Growth Time Histories

NO. OF TOTAL CRACK LENGTH STRAIN GAGE READINGS, PSI

CYCLES _____

STR.GAGE STR.GAGE STR.GAGE
DTI DT2 DT4 # 11 # 12 4 16

60,570 2.97 4.88

62,405 3.17 1.22 5.44

64,030 3.75 1.30 5.94 12,575 9,123 8,565

64,530 3.88 1.55 6.15

66,030 4.41 1.55 7.1*

70,130 8.6

70,000 8.95

70,530 9.43

70,780 9.9 g

71,030 10.40
71,200 10.80 1l.897 1 9.000

71.590 11.10

74,480 2.30 1

74.805 _.5 JI )9 ,4-11

** Crack had stopped at a rivet hole on the North side of the original sawcut.
The residual strength testing was accomplished in the following manner:

(1) The flaw DT6, skin was sawcut beyond the frame tee flange for a total
length of 18 in. This flaw was renamed RSl. Approximately 40 cycles at
AP = 5 psi were applied to sharpen the sawcut tip with a small but visible

fatigue crack at each tip. Fail safe load was then applied. The fail safe

load is AP = 7.15 psi (hoop reaction load 116,000 Lb.)***

Longitudinal load = 114,500 Lb.

* NOTE: An 8.6 PSI test pressure was required to obtain this load.
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The loading sequence was to pressurize to full ,.P and then increase

the longitudinal load from zero to 114,500 lb. Note that the sequence of

load aoplication was to achieve full P first and then apply the longitudinal

load in increments. No flaw growth was noted on application of the pressure

loading. However, on application of the longitudinal load, the crack tip

turned 900 and grew in the circumferential direction to a total length of

0.65 in. The crack was approximately evenly centered about the original

crack. This phenomenon was observed only on the west side crack tip. No

failure was encountered for flaw length of 18 in.

The next step was to sawcut an additional one inch at each tip, to a

total length of 20 in. The crack was sharpened by cycling at AP = 5 PSI and

then the fail safe load was applied. On application of the longitudinal load

in the fail safe load sequence, the crack grew circumferentially .52 in. at

the west tip only. Thi was at the newly establish crack tip. Again, no

failure was encountered. The sawcut was finally extended to 22 in. to the

edge of both frame tee flances. On application of the longitudinal load of

the fail-safe loadinq sequence, both the crack tips propagated into the frame

shear tee bondlines and turned circumferentially, in opposite directions.

Again, no failure was encountered on application of the fail safe load. The

data for this test is shown in Table 40 . A patch repair was installed to

r ermit continued testinq.

(2) The next step was the residual strength test RS2, simulating foreign

object damage. The location of this damage is shown in Figure 105 . It

consisted of a 15 in. sawcut, both through the skin and frame. It was

intended that the fail safe load be applied in the same sequence as for RSI.

However, at AP = 6.9 PSI and zero longitudinal load, the flaw propagated

to the adjacent frames and disappeared into the frame tee flange glue lines.

The loading sequence was changed to applying the pressure and longitudinal

load simultaneously to the peak value and holding the AP and relaxing the

longitudinal loads in steps. No further failure was encountered. The data

is given in Table 41
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TABLE 40
Residual Strength Test RSI Data

FLAW AP LONGITUDINA STRAIN GAGE DATA - PSI

LENGTH PSI LOAD
IN. POUNDS .A GG

11 12 16

27,000 4,469 11,774 13,058

180 8.601 68,800 11,928 9,370 17,452

j95.700 16,490 8,075 20.671

!1 .OQg 18.94 7.459 22.527

0 0 13.192 11,078
27,000 4,715 11,466 12.996

20.0 8.385 69.500 12,298 9.061 17,514

97.600 17.044 7.767 20.856

111 ,400 19.325 7.089 22,527

0 0 12.205 11,635
24,900 3.945 10,849 13.553

22.0 8.433 63,700 10.356 8.876 17,762
90 000 14.548 7,890 21.042

117.500 18,616 6,904 24,570

TABLE 41

RESIDUAL STRENGTH TEST RS2 DATA

AP LongitudinaF Strain Gage Data- PSI

PSI Load Strain Gage #

Pounds 11 12 16

0 0 0 10
11. , s.22i4 1 3 4177
60,404 10.089 -2,404 8.695

89,705 14,704 -3,452 13.213

113.500 18,457 4.,253 16.926

2.260 113,867 19,072 -1,417 20,145

5.036 114,138 18,518 2,465 22,744
_7.393 113,957 17,841 5.979 24,848

8,469 114,048 17,411 7,582 25,746

8.230 98,449 15,011 7,767 23.858

8.230 74,738 11,135 8,753 21,320

8.326 46,882 6,152 10,356 18,721

8.326 16,223 - 184 j 12.205 16,122
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One Bay Crack Growth Time History - Specimen H30A - This honeycomb concept

test was conducted to:

(1) Obtain crack propagation data and verify that the initial flaw does

not 'ttain critical length in two lifetimes (38,028 cycles) or that a two

inch crack does not attain critical length in two depot inspection periods

(9,507 cycles); and

(2) Verify analysis methods.

Figure 106 shows the panel geometry with stra'n gage and initial flaw

locations. Significant features are that it was made of 2024-T3 bare sheet

aluminum honeycomb sandwich panels. The splice doublers were also of bare

2024-T3 sheet. The longitudinal straps were of 7475-T761 aluminum sheet

while the frames were made of 7075-T6 aluminum.

The panel was installed in the 1.5 million pound testing towers and

cycled at approximately 1 Hz. The applied stress was 15,646 psi with a

R ratio of 0.05.

Table 42 records the total crack length versus cycles.

At a total crack length of 13.160 inches with a total of 92,102 cycles,

the test was stopped and the panel repaired for further testing.

Residual Strength - Two Bay Crack, Center Stiffener Intact-H3OB. - The

purpose of this honeycomb concept test was to verify the residual strength

of the hone. omb concept for failsafe criteria with a two bay crack in the

outer skin, and verify analysis methods.

Figure 107 shows the panel geometry with strain gage and initial flaw

locations. The panel was made of 2024-T3 bare sheet aluminum honeycomb

sandwich panels. The panel splice doublers were also of bare 2024-T3 sheet.

rhe longitudinal straps were of 7475-T761 bare aluminum sheet and the frames

of 7075-T6 aluminum. The panel was loaded to 100,000 pounds in 20,000 pound

increments. From 100,000 pounds to failure, the load was increased in

10,000 pound increments.
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TABLE 42

Total Cycles vs. Crack Length

CYCLES Lc .... Lc ----L

33,195 .530 .25
35,305 .570 INITIAL SLOT

38,027 .575

40,560 .610

43,000 .650

43,357 .680

45,501 .720

.8,001 .760
50,500 .830

54698 .920

55.906 .1.020

51.000 1,130

66,000 1.400

71,000 1.770

.76,000 2.380

81,000 3.070
85.oi0 4- RD
88010 6.,520

90.010 9,250
90.977 10.560
91,501 11.800

92.00 12.890
;92.102 1 .6
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Table 43 lists the panel applied loads, strain qaqe readinqs, and crack

lengths. The panel failed at an applied load of 298,000 pounds as shown

in Figure 108.

Residual Strength-Foreign Object Damage-H30C. This honeycomb concept test

was conducted to show the structure has adequate residual strength in the
presence of a 15 inch flaw through the center frame and honeycomb sandwich

panel, and determine the ultimate strength of the panel.

The geometry, initial flaw, and strain gage locations for this panel

are shown in Figure 109.Significant features are that it was made of 2024-T3

bare sheet aluminum honeycomb sandwich. The splice straps were also made of

2024-T3 bare sheet. The frames were of 7075-T6 with the longitudinal straps
of 7475-T761 bare sheet. The panel was installed in the 1.5 million pound
testing towers, and loaded at a rate of approximately 13,000 pounds/minute

to failure.

Table 44lists the strain gage readings at several applied load levels.

The panel faled at an applied load of 180,617 pounds when the panel

separated in line with the original flaw.
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MATERIALS and PROCESS

This section contains a summary of the effort during Phase Ib for the

selection of the anodize and primer surface treatment, the corrosion control

and the various structural and environmental tests leading to the selection

of the adhesive. Additional tests of cast adhesives, or neat specimens, were

performed to obtain material property data on the candidate aahesives.
Mechanical fastening tests were made to determine the effect on the bond

line of chips and high speed drills. Fatigue, fracture toughness and crack

growth data was also obtained for 7475-T6 aluminum.
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Surface Treatment

Process Selection. - Three surface treatment processes for structural bonding

were selected for study. These processes included two different procedures

for chromic acid anodizing and a system of phosphoric acid anodizing. They

were as follows: (1) Phosphoric Acid Anodize, Spec. BAC-5555, Boeing Co. f2)

Chromic Acid Anodize, Spec. BPS FW4352, Rev. G, Bell Helicopter Co., (3)

Chromic Acid Anodize, Spec. PS-13201, McDonnell Douglas Corp. The sulfuric

acid, sodium dichromate etch (FPL), Spec. BAC-5514, Boeing Co., was used as

the baseline control treatment.

Adhesion Evaluation Test Methods. - The primary evaluation criteria for bond

durability of the surface treatments was the wedge crack propagation test.

The test specimen configuration and dimensions are shown in the section on

Adhesive Environmental Properties. All surface treatment processes were

evaluated by processing 6 x 6 x .125 inches panels. These panels, after

bonding, were cut into five (5) one inch wide wedge crack test specimens.

The wedge was driven into one end of the specimen, and after a stabilizing

period of one hour, the crack in the specimens were measured and !hen exposed

to 100% relative humidity at 140'F (temperature and humidity studies). The

crack growth was measured after one (1) hour exposure and then measureo -gain

after three (3) hours exposure.

The adhesive that was used in all the surface treatment evaluation test.

was Bloomingdale FM73 and BR127 adhesive primer.

Chemical Analysis & Solution Control. -

Alkaline Cleaner: - The phosphoric acid anodizing process per BAC-5555 required

the use of alkaline cleaner as specified in specification BAC-5749. Turco's

4215S (which is listed), a nonsilicated alkaline cleaner, was used for all

surface treatment processes evaluated. Control limits of the active ingredient

in 4215S alkaline cleaner, as submitted by the Turco Division of Purex, is on

file in the Douglas Aircraft Company laboratory.
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Deoxidizing Solutions: - (a) There are two (2) deoxidizers allowed by BAC-5555

to be used to prepare parts for phosphoric acid anodizing. The Amchem #6-16

deoxidizer was chosen instead of the Na2Cr207-H2SO4 solution for the following
reasons: (1) it can be used to remove heavy oxides, (2) it can be used in

existing laboratory and production tanks without installation of new liners,

and (3) it is operated at ambient temperature. The Amchem 6-16 deoxidizer ,as

used for specimens and parts processed by phosphoric acid anodizing. The list

of active ingredients in the #6 and the #16 deoxidizer as submitted by Amchem

Products is on file in the Douglas Aircraft Company laboratory. (b) Douglas

developed deoxidizer #1051 was used for all specimens processed with chromic

acid anodize per McDonnell Douglas PS 13201. (c) A sulfuric acid-sodium

dichromate solution at 1400 - 160°F was used to deoxidize all specimens

processed with the Bell Helicopter chromic acid anodize per BPS FW4352, Rev. G.

Temperature and Humidity Study. - To establish the optimum temperature to

conduct the wedge crack propagation test, 2024-T3 and 7075-T6 panels were

alkaline cleaned, deoxidized and phosphoric acid anodized. The concentration

of the anodize solution was maintained in the middle of the concentration

range as shown in Table 45.

TABLE 45

PHOSPHORIC ACID ANODIZE PARAMETERS

PROCESSING LIMITS

VARIABLES LOWER MEDIAN UPPER

Acid Concentration (op2) 11 13.5 16

Voltage 8 10 12

Solution Temp 'F 65 77.5 90

Anodizing Time (minutes) 20 22.5 25

The anodized panels were bonded using the FM73/BR127 adhesive and primer. The

temperature evaluation was conducted in 100% relative humidity at temperatures

of iO0 F, 140'F and 1600F. The test results for the FPL etched specimens were

very erratic. However, the 140°F temperature seemed to be adequate for the

phosphoric acid anodized specimens. The 140°F temperature at 100% relative

humidity was chosen to be the test condition for all future wedge crack tests.
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Phosphoric Acid Anodizing Process Parameters Confirmation. - The processing

parameters for the phosphoric acid anodizing process were confirmed by the

use of the matrix as shown in Table 46. In accordance with the test matrix

of this Table 46, the effects of such variables as solution concentration

(CIC 2 ), applied voltage (VV 2 ), solution temperature (TIT 2 ), and the anodizing

time (tlt 2 ), were evaluated. Five (5) wedge crack test specimens for each

of the two alloys (2024-T3 and 7075-T6) were prepared for each of the test

grids indicated in the matrix diagram. Sixteen data points or 80 wedge

crack test specimens per data point were tested in the matrix per alloy.

The variables investigated were the highs and lows of the anodizing

parameter shown in Table 45. After anodizing, the specimens were primed

with BR127 adhesive primer. FM73 adhesive film was applied and the test

specimens bonded in an autoclave at 250'F for 90 minutes under 40 psi

pressure. All test specimens were NDI C-scan inspected. No voids were

noted in the bonded test specimens. The specimens were then cut into one

inch wide test specimens, and wedge crack tested at !00% RH and 140°F. The

crack growth was measured after one (1) hour and after three (3) hours.

In addition to the shorter periods, some specimens were also exposed for

periods of 18 and 168 hours. It appeared that the primary crack growth took

place within the first hour and this time was used for data points in the

matrix. The wedge crack growth test results for each condition showed the

adhesive failure to be cohesive and that the processing limits specified

per BAC 5555 provided a satisfactory surface treatment for good bond dura-

bility.

Chromic Acid Anodize Trade-Off Study-McDonnell Douglas Versus Bell. - A

comparison of two chromic acid anodizing processes, McDonnell Douglas PS

13201 and Bell Helicopter Co. BPS FW4352, Rev. G, was conducted using their

respective medium processing range. Both the Bell and McDonnell Douglas

chromic acid anodizing and sealing parameters are shown in Table 47. This
test was made to decide which system would be used for further evaluation.

One set (2 panels) each of nonclad 2024-T3 and 7075-T6 for the McDonnell

Douglas anodizing were processed using the median proc.' sing range shown

in Table 47. The bonded specimens were cut into five (5) wedqe crack
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TABLE 46

TEST MATRIX

C C
V1  V2 V1  V2V1  ~2'2

t1  X X X X
T1

t 2  X X X X

t X XX X
T2

t 2  X X X X

TABLE 47

CHROMIC ACID ANODIZE & SEALING PARAMETERS

PROCESSING LIMITS

VARIABLES MDC BELL HELICOPTER
LOWER MEDIAN UPPER LOWER MEDIAN UPPER

,hromic Acid Conc. (% free acid) 4.5 5.25 6 . - _
LU

Voltage 17 2L 22. 38 40 42

O Solution Temperature *F 85 95 0 92 93.5 Q5
Anodizing Time - Mins 25 35 40 30 32.5 35
Additive Chemical ,.,Potassium Dichromate Chromic Acid

Concentration MDC-% bw 2.5 5 6 75 202.5 0Concenration Bell1-_ppm ,

Temperature 'F 185 195 205 180 182.5 185
Time Mins ._8 12.5 1 7 -7 8 9

S4.2 5.5 61.2.5 3.1 J
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test specimens and the crack growth was measured after one (1) hour and

after three (3) hours. The above test was repeated for the Bell chromic

acid anodizing process.

The Bell anodize wedge crack test results on the 2024-T3 specimens

showed considerable adhesive failures associated with large crack growths.

The Bell system on 7075-T6 and the McDonnell Douglas anodize on both 2024 T3

and 7075-T6 did not show any adhesive failure. Because of the adhesive

failures of the Bell anodized 2024-T3 specimen, the McDonnell Douglas

chromic acid anodize was chosen for further evaluation.

Chromic Acid Anodize - Sealing Parameters Confirmation. - The processing
range for the sealing operation of the McDonnell Douglas chromic acid I
anodizing process was studied by using the matrix as shown in Table 48.

All the anodizing was done at the median processing range as shown in

Table 47. In accordance with the test matrix of Table 48, the effects

of such variables as the concentration of potassium dichromate (CIC 2 ), type

of water (WIW 2), solution temperature (TIT 2), and the se'.ling time (tlt 2 ),

were evaluated. Wedge crack test specimens of each of the two alloys,

2024-T3 and 7075-T6 nonclad, were anodized and sealed for each of the test

grids indicated in the matrix diagram. The results of the sealing evaluation

are presented in Fiqure 110 and show the failure mode of each specimen. A

cohesive failure mode (C) indicates that the adhesive strength of the

adhesive system to the treated aluminum is greater than the cohesive strength

of the FM73 adhesive. The cohesive failure is considered to be the ultimate

in adhesion as a result of surface 4reatment. An adhesive failure, mode (A),
is considered to be worst type of adhesion as a result of surface treatment.

Specimens having the failure identified as "AE" indicate a minor

adhesive failure at the edge of the specimen in the crack zone. Though these

failures are minor, they are considered important since this edge area of

the specimen are the points where the anodize/adhesive faying surface are

im.mediately exposed to the test environment. It also is an indication of

the method of specimen preparation and the effects of cutting glue lines in

manufacturing. Brittle anodizes that fracture during machining can be

sources of included areas for the start of corrosion. The complete sealing

matrix was repeated using the deionized water seal solution at a pH of 4.0.
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TABLE 48

SEALING MATRIX

C1  C2
W1  W2  W1  W2

T1  2 2l

T2
211 10 101 10

1 10 10 10 10

t2 10 10 10 10
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All these tests have shown that the pH of the dichromate seal solution

is of greater importance than originally believed. The data indicates

that poor resistance to moisture is a product of high pH (4.8 and above)

and to a lesser degree to concentration of the solution and the temperature.

The optimum processing range for the sealing operation for the

McDonnell Douglas chromic acid anodize is shown in Figure 110.

Chromic Acid Anodizing Process Parameters Confirmation. - The processing

parameters for the McDonnell Douglas chromic acid anodizing process were

evaluated by the use of the matrix as shown in Table 46 for phosphoric

acid anodize. In accordance with the test matrix of Table 46, the effects

of such variables as solution concentration (C1C2), applied voltage (V1V2),

solution temperature (T1T2) and the anodizing time (tlt 2) were evaluated.

Wedge crack test specimens for each of the two alloys, 2024-T3 and

7075-T6 nonclad, were prepared for each of the test grids indicated in the

matrix diagrams. The variables investigated were the highs and lows of the

anodizing parameter shown in Table 49. Panels for each alloy were anodized

at the low concentration and low temperature and all specimens had an

iridescent appearance which indicated a thin anodic film. Another set of

panels for each alloy was processed at low concentration, low temperature,

low voltage and time. The thickness of the specimens were measured using

a Permascope tester type EC. The film thickness of the panels ranged

between 0.00001 to 0.00005 inches on the 7075-T6 alloy. The coating

thickness on the 2024-T3 alloy could not be measured.

Because the anodic coating of these tests caused sufficient iridescence

to suggest inadequate or thin anodic coating, it was decided to raise the

temperature of the bath from 85°F to 90°F for the confirmation tests

involving the higher acid concentrations.

The wedge crack results shown in Figure Ill indicated that the best

results as far as adhesion, was obtained at high temperature (1000F),

lonyer time (40 minutes), high concentration (8 oz/gal), and high voltage
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TABLE 49

CHROMIC ACID ANODIZE PARAMETERS

PROCESSINGLIMITS

VARIABLES LOWER MEDIAN UPPER

Acid Conc. ozlgal 6.0 7.0 8.0

Voltage 17 20 23

Solution Temperature OF 85 92.'5 100

Anodizing Time (minutes) 25 35 40
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(23 volts). Specimens were also tested to determine if the range could be
extended by increasing the temperature to 1050F at high voltage and high

concentration. The results of those tests are also shown in Figure 111.
A review of the data, including tests from the sealing matrix showed that

a workable range existed. The shaded blocks of Figure 111 show the proposed
limits. The proposed range is narrow, but for use is a back-up system, it

is possible to use it both in the laboratory and in production. Further
testing should be conducted at a later date to expand the processing limits.

Effects of Anodizing on Different Alloy and Temper. - The following nonclad

aluminum alloys were anodized using the median processing range (Table 45)
of the phosphoric acid anodized process:

Alloy Tempers
7075 T73 and T76

7475 T6, T61, T76, T731 and T761

A set of specimens for each alloy and temper were bonded using the FM73/BR127
adhesive system. The bonded specimens were C-scan inspected and no voids
were noted. The panels were then cut into wedge crack specimen and tested.
The results indicated that the choice of alloy and temper did not effect

the bond strength produced by phosphoric acid anodize.

Cathodic Protection of Lead in Phosphoric Acid. - During the early phosphoric

acid anodizing runs, a dark deposit was found on the sides and bottom of the
anodizing tank. Sometimes portions of this loose spongy deposit could be
seen suspended in the solution or floating on the surface. Analysis of the
deposit showed it consisted primarily of lead with small amounts of copper
and phosphorous. A deposit containing heavy metals should not float in the

phosphoric acid electrolyte but this deposit was spongy and probably con-
tained appreciable quantities of trapped hydrogen.

After more use of the solution, white pearlescent needles were also

found in the tank. Analysis of the needles showed them to be lead
phosphates. Obviously, the lead lining in the anodizing tank was being
dissolved by the phosphoric acid electrolyte. Since the lead lining is the

233



cathode during anodizing, it was suspected that the attack was occurring

when the tank was at rest. If this were true, then cathodic protection should

stop the attack of the tank lining and prevent the formation of both the

dark, spongy deposit and the white needles. A series of electro-chemical

measurements was made to determine critical potentials and to compare the

electro-chemical behavior of pure lead with lead antimnony (Pb 94%, Sb 6%).

The electrodes used were: (1) Chemically pure lead (Pb), (2) Lead antimony

alloy (Pb-Sb), (3) Platinized titanium (Pt-Ti), 14) Carbon (C), and (5)

Saturated calomel electrode (SCE). Results indicated that, depending upon

the anode-cathode couple, the current potential necessary to prevent the

lead from dissolving into the solution ranged from 1.3 to 2.1 volts. Even

though a satisfactory anode material has not been found, the use of cathodic

protection for the lead alloy tank lining has been effective to prevent

attack and formation of deposits.

Dissolution Rate of Lead and Lead-Antimony Alloy in Phosphoric Acid. - The

tank lining material for the principal laboratory phosphoric acid anodizing
tank is pure lead with a lead 6% antimony alloy for the secondary tank. The

production tank lining is constructed with this same alloy. The following

test was initiated to gauge the rate of this dissolution in phosphoric acid

solution. One inch specimens of the pure lead and the lead-6% antimony .1

alloy materials were cleaned, oven dried and weighed. Specimens were

suspended in their respective beakers of anodizing solution for specified

periods, removed, re-weighed and re-maasured. The dissolution rates were

computed as inches of material lost per 1000 hours. Results indicated that

although the loss of material was insignificant over a one-year period, the

dissolution rate of lead antimony was twice that of pure lead.
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Corrosion Control-Organic Coatings

Surface Treatment Corrosion Resistance, - Four surface treatments (see

Process Selection) were subjected to 5% salt spray to determine their

relative corrosion resistance. Treatments were tested with and without

being coated with BR127 bond primer. The unprimed panels were exposed

for a maximum period of 336 hours per MILA-8625. The primed panels were

exposed for 3000 hours, The results are shown in Figure 112 and indicate

the following: (1) Chromic acid anodize has better corrosion resistance

than phosphoric acid anodize, and (2) When coated with a corrosion resistant

adhesive bonding primer, phosphoric acid anodize is equivalent to or better

than chromic acid anodize.

Corrosion Resistance-McDonnell Douglas Chromic Acid Anodize Sealing Matrix. -

Tests were conducted to determine the sealing parameters that provided the

best corrosion resistance to the chromic acid anodize. Nonclad 2024-T3

and 7075-T6 panels were processed per the matrix and parameter of Figure 110,

and exposed to 1000 hours if 5% salt spray. Results are shown in 'Fable 50.

The sealing that provided the best corrosion resistance for both alloys was

obtained at the upper limits of the dichromate concentration, temperature

and time and using deionized water. In addition, these panels exhibited

minimal or no staining of the anodized surface.

Corrosion Resistance-Chromic Acid Anodize. - Specimens representing the four

corners of the McDonnell Douglas chromic acid anodize matrix and sealed per

the limits determined in Figure llO were exposed to 5% salt spray for 1000

hours. Results, as shown Table 51, indicated the following: (1) Best

corrosion resistance was obtained at the upper limits of the anodizing

parameters, and (2) Panels anodized in excess of 100F produced a powdery

film and have lower salt spray corrosion resistance,
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TABLE 50

CORROSION RESISTANCE - SEALING MATRIX*

DEIONIZED TAP

4z72.5% 6.0% 2.5% 1 6.01
8 17 8 17 8 17 8 17

2024 1850 288 288 168 168 168 168 168

______ .2050 288 3 840 _ 162 384 ?IA I 2..

7075 1850 840 840 384 648 384 336 648 648
7075 205 °  840 1000J 384 _ _ 840 840

* Failure is as defined per MIL-A-8625. All specimens were

examined at 168, 288, 336, 384, 648, 84C and 1000 hours.
Hours to failure data is intended to be comparative at
these periods.

10'No failure at 1000 hours.
TABLE 51

CORROSION RESISTANCE CHROMIC ACID ANODIZE*

00,

6 OZ/GAL 8 OZ/GAL

, 1i17V 23V 17V 23V

- - - - - -. -Uf
0  25 168 696 __ ________

900 25 - -- --- --- 338

1000 40 --- --- 696 P --- --- 500
1050 40 .--- --- --- 38 -

ALLOY 2024 7075 2024 7075 2024 7075 2024 7075

* Failure is as defined per MIL-A-8625. Specimens were
examined at 48, 120, 168, 336, 384, 500, 696, 540 and
1000 hours. Hours to failure is intended to be com-
parative at these periods.

- Not tested 27 No failure at 1000 hours
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Comparison of Bonding Primers. Four adhesive/bond primer systems were

evaluated: (1) American Cyanamid - FM73/BR127, (2) Hysol - EA9628/EA9202,

(3) 3M - AF55/XA3950, and (4) NARMCO - M133/6740. Tests were conducted to

compare the performance of each primer and to determine their compatibility

with the coating systems of Table 52. The substrate used was nonclad 7075-T6

alloy treated with phosphoric acid anodize. Environmental tests included

wet adhesion, humidity, 5% salt spray, immersion corrosion, exfoliation

corrosion, bilge fluid and beach exposure. Exfoliation corrosion tests are

shown in Figure 113. Results showed the followipg: (1) The optimum primer is

BR127, (2) The decreasing order of corrosion resistance is BR127-XA3950.

A9202-NARMCO 6470, (3) All primers are compatible with any of the coating

systems tested, and (4) BR127, used under the coating systems reduces the

degree of coating failure in dissimilar metal areas.

Surface Treatment Protection. - Tests were conducted to determine the ability

of the various coating systems to protect the different anodic surfaces. Test

specimens were prepared using the following surface tre,:tments and materials:

(1) 2024-T3, 7075-T6, 7075-T73 and 7075-T76 nonclad aluminum alloys and tempers,

(2) Chromic acid anodize and phosphoric acid anodize, (3: American Cyanamid

BR127 and FM73 bonding primer and adhesive, (4) Coating systems, See Table 52.

Environmental tests included: wet adhesion, humidity, 5% salt spray, immersion

corrosion, exfoliation corrosion, bilge fluid and beach exposure. In addition,

coated lap shear specimens were scribed through the bond joint and exposed to

the same environment prior to ,.etermining their mechanical properties, Shear

strength values were not affected and all adhesive failures were cohesive.

Corrosion fatigue tests were conducted for 10 million cycles with no failures.

Results showed that all of the coating systems provided adequate protection

in all the tests except in the acidified salt spray exfoliation environment.

The conclusions drawn from Figures 113 through 116 arei

(1) The optimum surface treatment is phosphoric acid anodize. The primed

panels of phosphoric and chromic acid anodize performed equally well in all

tesL except in the exfoliation corrosion test. In this test the phosphoric

acid anodized panels exhibited greater resistance to general and exfoliation

corrosion than the chromic acid anodized panels on all the alloys and tempers
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TABLE 52

COATING SYTEM SM

CODE COATING SYSTEM

C-1 MIL-P-23377

C-2 MIL-P-23377 + MIL-C-83286

C-3 1IIL-P-23777 + PR1432GP + MIL-C-83019

C;-4 PR1432GP + MIL-C-83019
C5 MIL-C-8514 + MIL-P-8585 +EC 843S
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tested. It also reduced the degree of coating failures.

(2) The corrosion resistance in decreasing order of the various alloys

and tempers tested is as follows:

ACIDIFIED SALT SPRAY 5% SALT SPRAY

General Surface Exfoliation General Surface
Corrosion Corrosion 4J Corrosion

2024-T3 7075-T73N. l W 7075-T6

7075-T73 7075-T6 E % 2024-T3

7075-T6 2024-T3

7075-T76 7075-T6

(3) The optimum exterior coating system over the BR127 primer is

MIL-P-23377 primer plus MIL-C-83286 topcoat (system C-2). This system appears

to inhibit exfoliation as well as or better than Corogard (system C-5).

'4) The optimum interior coating systems over BR127 are as follows:

(a) Above the floor line is MIL-P-23377 primer (system C-1). (b) Below the

floor line is MIL-P-23377 primer plus MIL-C-83286 topcoat (system C-2). This

is in preference over the MIL-P-23377 primer plus PR1432GP sealant primer

plus the MIL-C-83019 clear overcoat (system C-3). The reasons are: (a) any

bond failure or corrosion initiating under system C-3 cannot be easily

detected visually, (b) ease of stripping may be a problem, (c) coating

failure in dissimilar metal areas are more gross, and (d) adhesion of the

MIL-C-83019 clear to the PR1432GP is marginal to poor.

Rework of Coatings in Bond Line Areas. - The following items relative to

rework of damaged coatings were investigated:

Mechanical Properties of Bond Line: - The bond line of different lap shear

specimens were exposed to organic stripper and to grit blasting to determine

if these methods of coating removal affected the mechanical properties of

the bond. Lap shear specimens were made of nonclad 7075-T6, phosphoric

anodize, BR 127 primer and overcoated with the MIL-P-23377 primer and

MIL-C-83286 topcoat system. The bond line of different specimens were
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exposed to Turco 5351 brush-on stripper for 2 hours and to grit blasting

with aluminum oxide grit for 3 minutes and with walnut shell for 10 minutes.

Grit blasting time was dependent on removal of the coating system down to

the metal substrate. Results showed that the shear strength values were

not affected by any of the removal methods.

Stripping of Coating Systems: - Stripping tests using a MIL-R-25134 stripper

(Turco 5351 brushable) were conducted on the different coating systems

applied over BR127 bond primer. Test period was 90 minutes. Coating

systems are as noted in Table 52. Removal of BR127 was also attempted

with acid strippers. Results of the stripping tests are as follows:

(1) All systems using MIL-P-23377 primer over the BR127 were removed down

to the MIL-P-23377 primer. The MII.-P-23377 primer softened only slightly.

(2) All systems without the MIL-P-23377 primer were strippable down to the

BR127 primer. (3) The PR1432 GP sealant softened slightly and required

repeated scraping and stripper reapplication for removal. (4) No brush

on stripper has been found that would readily remove properly applied and

cured BR127 primer from a phosphoric acid anodized surface. Brush on acid

strippers, such as Turco 6017 and Fiber Resin ES-l, were as ineffective

as the phenolic type, Turco 5351.

Adhesion of Reworked Exterior Coat System: - Nonclad 7075-T6 panels were

phosphoric anodized, BR127 primed and overcoated with the MIL-P-23377 primer

and MIL-C-83286 topcoat. One panel each was grit blasted down to the bare

metal with aluminum oxide and walnut shell. Panels were solvent cleaned

with MEK, treated with Alodine 1200 and recoated with the exterior coating

system. Wet adhesion tests were conducted after 7 days air dry. Both

panels exhibited cohesive failure in the MIL-P-23377 primer. Another set

of panels was prepared and retested with the same results.

BR127 Versus BR127A. - BR127A has been formulated as a bonding primer to

improve the peel strength at subzero temperature. Douglas test data

verified the low temperature properties. The formulations of BR127 and

BR127A differ in resin ratio and solvent composition. The comparison of

these two primers was made to determine if differences exist in their
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corrosion resistance. Primers were applied to phosphoric acid anodized non-

clad 7075-T6 alloys and tested. (1) Immersion in an acidified salt solution

initiates minute filament type corrosion tracks extending out from the

scribe line for both primers. (2) Exposure to acidified salt spray shows

corrosion pits appearing earlier on the BR127A specimens than on the BR127

specimens. BR127A provides less corrosion protection to the phosphoric

acid anodize surface than BR127.
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.7

Structural Adhesives

Adhesive Selection for Test. - At the beginning of the program, the

flight parameters of the baseline aircraft indicates that a typical 250°F

cure modified epoxy adhesive system would produce all the mechanical proper-

ties required. The goal was to select an adhesive system that would have the

required environmental resistance and durability when used with the phosphoric

acid anodize and a suitable corrosion inhibiting adhesive primer.

Several of these adhesive systems were available Based on test work

performed by Boeing, McDonnell Douglas, Bell Helicopter and several other

companies, the systems, called "new generation," indicated a superiority in

moisture resistance and were very durable. Most of these adhesive systems

came into existence during the last six years due to the on-going efforts of

the adhesive manufacturers to produce a more durable and moisture resistant

class of adhesives.

In addition, more sophisticated methods for testing the durability of

the adhesive became available. The importance of cycle stressed testing of

adhesives in an elevated temperature and humid environment was recognized.

This type of testing emphasized the inherent weaknesses of some adhesives

and of some surface treatments.

The purpose of this task was to select and test the best available state-

of-the-art alloys, surface treatments, adhesive primers and adhesives for

use in the manufacture of the final article.

The ground rules of the test program also included the requirements of

nonclad adherends in the fabrication of all details. This requirement is

compatible with MIL-A-83377. It is also compatible with Air Force criteria

that includes painting of all surfaces of the aircraft, both interior and

exterior. Subsequent testing of wedge crack specimens in a beach atmosphere

which included both clad and nonclad adherends indicates that the nonclad

specimens have better environment resistance, the clad 7075-T6 specimens

failing very rapidly even with the phosphoric acid anodize and the corrosion

inhibiting primers.

Final Adhesive Selection for Large Scale Test Article:- FM73 was selec-

ted based on a series of mechanical, and environmental tests on both the primer

and the adhesive in conjunction with the optimized phosphoric anodize system.
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In each case, the adhesive system showing the best environment and corrosion

resistance in the tests was FM73. These tests included the effects of the

carrier used in the adhesive. The mat carrier always gave lower T-peel

properties, however the effect of this mechanical property could be minimized

by proper panel design. The primary criteria was the basic overall durability

of the systems especially in the tests that included stressed and cycle

stressed environment exposure.

Adhesive Systems: - The following adhesive systems and batch numbers

were used for material evaluation:

Material Type Batch No. Mfg.

FM73 Adhesive Film Batch 86 American Cyanamid
Nonwoven Carrier .045 psf Roll 326

BR127 Primer Batch 560 "

EA9628 Adhesive Film Batch 076-134 Hysol Div. of the
Woven Carrier .045 psf Roll D Dexter Corp.

EA9202 Primer Batch 103-186 1

AF55 Adhesive Film Batch lD5P Minn. Mining & Mfg.
Woven Carrier .045 psf (3M)

XA3950 Primer Batch 3B5P H

M1133 Adhesive Film Batch 30 Namco Materials Inc.

Woven Carrier .045 psf Roll 1

M6740 Primer Batch 17

These four adhesive systems were the primary considerations for the

program. They are 250°F cure and all had corrosion inhibiting primer systems.

Other adhesive systems such as Plastilock 729-3 and Redux 775 were used in

some tests for comparison but were not considered primary candidates in this

program. Most of the data gathered on these two other systems will be in

the Slow Cycle Fatigue tests which are still in test.

Surface Preparation: - All test specimen surfaces were prepared for

adhesive bonding using the phosphoric acid anodize process except where the

tests were for surface treatment comparison. All precautions for processing,
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as determined by the surface treatment investigation, were observed.

Primer Application: - The procedures for application and cure of the

adhesive primers were provided by the individual manufacturers of the systems.

All primers were corrosion inhibiting. They all also were intended to be

used at a thickness range of 0.0001 to 0.0003 inches for maximum mechanical

properties and corrosion resistance. The primers were fully cured

systems prior to adhesive application. The cure cycle was 2550F for 60

minutes. The primers were applied to the adherends while the adherends were

still on the anodize racks to eliminate the handling of the anodized surfaces.

One of the Tasks of the program was to verify the processing tolerances

of the primer system. Since the adhesive was considered "state-of-the-art,"

the tests were conducted on the maximum and minimum tolerance provided by the

adhesive supplier for thickness and cure. Satisfactory mechanical and dur-

ability results were obtained when varying the primer thickness between .0001

inch and .0003 inch and when curing the primer at a temperature of plus and

minus 25°F from the average cure temperature mentioned above. Primed panels

were exposed to the clean room environment for periods up to 20 days. There

was no effect from that length of exposure to the clean room environment. To

keep possible contamination to a minimum, the normal processing requirements

for the test panels and final article, bonding is to take place within 96

hours of primer dry.

Adhesive Application and Cure: - The adhesives for all new systems were

stored at OF and allowed to reach room temperature prior to the application

to the primed adherends. The time between curing of the primer and the final

cure of the assembled details was held to less than eight hours on the

laboratory test specimens. All specimens were cured in the autoclave at

250°F for 60 to 90 minutes at a pressure of 40 psi. Some test programs

altered these parameters to determine the effects of the processing variables.

Tests for processing parameters were conducted on the adhesive as well

as the adhesive primer. These tests included: heat-up rate to the cure

temperature varying from 1.5°F per minute to 12'F per minute, and adhesive

out time in the clean room up to two months. The specimens exhibited satis-

factory lap shear and wedge crack failures, however the fresh FM73 had a

porous glueline when exposed to a rapid heat-up rate.

Slow cycle fatigue tests with processing variables for the adhesives are
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also under test. The slow cycle specimen configuration is more representa-

tive of the final article bond joint than the lab specimens and will there-

fore be a valuable confirmation of the lab tests,

Adhesive Mechanical Properties: - Prior to the start of preliminary

design, a series of tests were perfcrmed to provide the required allowables.

The following test descriptions indicate the many variables and properties

of the adhesive systems that were classified:

Tensile Lap Shear. Tensile overlap shear specimens, 0.50 inch overlap

by 1.0 inch wide, were standard for determining the basic shear strength of

the adhesives at room temperature, at -70'F and +180'F. The adherend alloy

was bare 7075-T6, 0.063 inch thick. All four adhesives with their primer

systems were tested. Figure 117 contains the results of the lap shear tests.

See Figure 118 for the test specimen configuration.

Double Overlap Shear Tests. An investigation was made to determine if

the large amount of eccentricity normally found in standard lap shear

specimens had an adverse effect on the shear strength of the adhesive. Double

overlap shear specimens were fabricated with two adherends bonded at one

end of another adherend, overlapping the one adherend 0.50 inch. See Figure

118 for the specimen configuration. In these tests, all the specimens broke

the metal except in the +180OF tests. The relative shear strengths of the

adhesive specimens, when bonded in the single overlap or double overlap

configurations, were very close. The single lap shear had a lightly higher

shear strength than the double lap shear at 180'F.

"T" Peel Tests. Metal to metal T-peel tests were made on the four

adhesive systems. The specimen configuration (Figure 118) was a typical

specimen used at Douglas Aircraft for determining the peel strength of

adhesives. The bare 2024-T3 specimen was one inch wide, 12 inches long and

0.032 inch thick. The results are shown in Figure 119. It should be

noted that the peel strength for the three adhesive systems with the woven

carrier are generally higher than for the system with the mat or nonwoven

carrier. Initially, it was considered that the woven carrier was a very

desirable feature for the adhesive systems. However, further testint

of double cantilever beam specimens and cycle stressed environmental
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.5 IN.Z

04I-.5 IN. ZIN.

LAP SHEAR

1.000± 0.010

7.5 IN.- 7 1.0

L-. ~0.250 j ±.5

-4 I.-0.5 IN. --'IIN. ±0.010 DIA

DOUBLE LAP SHEAR

-o0.500
'o ± 0.010

, 0.063 0.003

ALUMINUM

PULL 7.500 ALO

0.500 0.3

THREE SCRIBE 0.030

1.S:DE OF SPECIMEN 4.0

±0.010~ 0.02 I.
310.003.IN.

I 0.05 LAP1 0HEAR IN.IN
C.EEP I.NI..

1.00
CREEP AND LAP SHEAR SPECIMEN

FIGURE 118. TEST SPECIMEN CONFIGURATIONS
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specimens reverseu this conclusion.

Metal to metal cr ep. The creep test used a modified single overlap

shear specimen Thbricated from bare 7075-T6 alloy, Figure 118. After

fabrication, the specimens were scribed on the edge and loaded to 250 psi.
They were then exposed to room temperature and to 180'F for 200 hours.

Measurement of the displacement of the scribe lines was made after the

exposure period. None of the adhesives indicated measurable creep.

Climbing Drum Peel. The possibility of using honeycomb for the final
design required the testing of the adhesive systems used in the fabrication

of honeycomb structure to determine their properties. One of the basic

tests was the honeycomb climbing drum peel. The specimen configuration

was a 12 inch by 3 inch,.020 inch thick 7075-T6 skin bonded into a sand-

wich configuration with a 2 mil foil 3/16 inch hex honeycomb core

approximately .625 inch thick. The 2 mil foil honeycomb was intended to forcethe failure into the adhesive. In the test, the specimen was rolled on a drum

as shown in Figure 120. Test results were based on the averages over
a test length of about sever inches expressed in inch pounds per inch of

width, see Figure 121. Again, the adhesive with the non woven carrier

had generaliy lower average peel strengths than the woven carried adhesives

at the temperatures tested.

Honeycomb Flatwise Tension. Honeycomb flatwise tEnsion was determined

on 2 by 2 inch specimens fabricated from the materials used for the climbing
drum peel specimens. When bonded to aluminum blocks as shown in Figure 122

and stressed in a direction perpendicular to the face of the skin adherend,

the tension strength of the skin to the honeycomb was determined, see

Figure 123. All of the adhesives had comparable strength whpn tested at
the two temperatures +I0O°F and room temperature.

Honeycomb Sandwich Beam Shear. This test determined adhesive

honeycomb properties using test configuration shown in Figure 124. The

test specimen was similar to the drum peel specimen. When stressed under
single Doint load, the core sheared in every case. The honeycomb core

used in the test had a shear strength equal to or higher than any core

expected to be used In a honeycomb design.
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FIGURE 124. HONEYCOMB BEAM SHEAR SPECIMEN

Shear Modulus. Two bonded specimen types were used to determine shear

modulus. The first method used the thick adherend lap shear specimen, see

Figure 125. The adherends were .500 inch thick and the test area waE .5

square inch, as in the lap shear specimen. A zero guage length extensometer

was used to record the movement in the bond joint as the specimen was

stressed.

The second method was the Napkin Ring shear test. The specimens

consisted of relatively thin walled tubes bonded together end to end. They

were loaded by rotating one adherend relative to the other about an axis

coincident with the longitudinal axis of the specimen. These tests were

conducted by The Singer Company, Kearfott Division in Little Falls,

New Jersey.

The shear modulus determined from both test procedures compared very

closely for each adhesive system tested. The averaqe shear modulus for FM73

was 83,000 psi, EA9628 was 70,000 psi and AF55 was 93,000 psi as tested.
Double Cantilever Beam. Crack propagation characteristics of the

adhesives were investigated using the double cantilever beam specimen, see

Figure 126. The end of the specimen was wedged open, using the two
screws, to approximately .10 inches. Medsurements of the crack extension

were made periodically during the test period. A calculation for Gl ,

crack extension force in inch pounds per square inch, was made using the

formula in Figure 126 . The specimens exposed to only ambient laboratory

conditions showed very slow crack growth, see Fiqure 127. Subsequent to

this test, the specimens have been placed at the Sea Atmosphere test station

for long term beach exposure.
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Adhesive Environmental Properties: - After the mechanical testing had been

started, each adhesive system was tested in various environments, see

Table 53, to determine the respective environmental resistance of each

adhesive system. Additional types of test specimen configurations were used

to help determine this resistance.

Lap Shear Specimen Tests. Unstressed lap shear specimens, Figure 118,

were exposed to environments of: salt spray, JP-4 jet fuel, MIL-H-5606

hydraulic fluid, and 140'F and 95-100% relative humidity. The exposure

requirements are expressed in the Table and results are in Figure 128. The

first indication of an effect from a 140°F and high humidity environment

was evident. The three adhesives having the woven carrier had the largest

strength loss.

Stressed lap shear specimens were also exposed to hydraulic fluid,

TT-S-735 reference fluid and JP-4. The exposures were the same as shown in

Table 53. The stress level was 900 psi on a .50 inch overlap shear

specimen. The specimens indicated little or no effect from the exposure,

see Figure 128.

"T" Peel Tests. T-peel specimens were subjected to the same types of

environments as the non-stressed lap shear specimens. The effect of the

woven carrier versus the non-woven carrier was very evident in the results,

see Figure 129. Those adhesives with the woven carrier were more affected
by exposure to JP-4, oercent wise, than the mat or non-woven carrier. In

all cases, the non-woven carrier adhesives had lower peel strength but were

unaffected by the environment exposure.

Open Faced Climbing Drum Peel Test. This test was similar to the

standard honeycomb peel test except that the specimen was fabricated with

only one skin. The specimen was then exposed to the selected environment

which allowed full exposure of the honeycomb-skin bond to the environment.

The specimens were then removed from the environment, after the test

period, and the second (opposite) face or skin was bonded with a fast cure

cold bond adhesive. The specimen was then tested on the standard climbing

drum fixture, see Figure 120. The results, in Figure 130 , show very

little effect from the environments but do show that the non-woven carrier

in the FM73 produced lower peel strengths.
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Wedge Crack Tests. Wedge crack specimens were used extensively in

the program for environmental testing and for process control of all detail

parts and test specimens processed through the surface treatment system.

Well over 4000 individual specimens have been made and tested. The proceiure

was to bond two .125 inch thick bare 7075-T6 aluminum plates 6 inches by

6 inches together. Thede was then cut into one inch wide specimens

and a .125 inch thick wedge driven into one end of the specimen to a depth

of approximately one inch. A measurement was made of the extent that the

adhesive was fractured down the specimen, see Figure 131. The specimen
was then exposed to one of the various environments in the test program.
For process control, this environment was a one hour exposure to 140°F and

100% relative humidity. The specimen was then measured for crack growth

after exposure and the mode of failure determined. An acceptable cohesive

mode of failure was experienced on all the specimens tested in all environ-

ments. The environments included: TT-S-735, JP-4, MIL-H-5606, 140°F and

100% RH, salt spray. chem mill etch applied to the crack tip, bilge fluid,
and MIL-C-25769 cleaner. The bilge fluid test was a solution of 0.46%

sodium sulfate, 0.82% sodium chloride at a pH of 7.8. The specimens were

positioned so the fluid-air interface was at the crack tip. The specimen

was vibrated at 70 Hz for 7 days. Specimens were also immersed in a 6%

solution of Air-O-Foam fire extinguisher chemicals. In addition to the

cohesive mode of failure which is a basic requirement, all crack growths

were below 0.2 inch.

0. /'5s
_- ___ --. 4../41 4A

0I4I 4'ACL cRACAf AAr7R

FIGURE 131. WEDGE CRACK SPECIMEN
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Double Cantilever Beam. These environmental tests used the specimen

described in Figure 126. After being wedged open, the specimens were

exposed for 120 days to 100% relative humidity at 1400 F. This test

indicated that the woven carrier might be more susceptible to moisture

intrusion than the non-woven carrier. Beside having larger crack extensions

than the FM73, the three materials with woven carriers had some corrosion

in the bond line in the uncracked edges of the specimens. The non-woven

FM73 had no corrosion in that area. The results of the test are found in

Figure 132.

RAAW Sustained Load The RAAB test specimens, which are difficult

to manufacture, were used for comparison tests only. Their main advantage

is, that for 0.2 inch overlap area, they have 2.75 inches of exposed bond-

line edge. The tests are normally conducted at 140°F and 100% relative

humidity. Tests are currently in progress 't -70°F and cycled environment

tests are proposed. In the 140'F and 95 to 100% RH environment, RAAB

specimens, see Figure 133, were stressed at three different load levels,

1450 psi, 1750 psi and 2050 psi. The results are shown in Figure 134.

Here, again, the non-woven carrier adhesive system sustained the stress

for the longest period of time.

RAAB Cycled Load. Tests run at the Boeing rommercial Aircraft Company

and at Bell Helicopter Company indicated that cycle stressed lap shear

specimens in the same environment would fail in a shorttr load time period

than sustained load specimens. RAAB tests were started at three load levels;

1500 psi, 900 psi and 300 psi. The cycle rate is one hour loaded and 15

minutes unloaded. Comparing the number of cycles, which in turn is the

number of hours under load, it can be seen that the cycled specimens

stressed to 1500 psi failed after only an average of 200 hours at load.

The sustained loaded panels in the same environment and loaded at 1450 psi

failed at a much higher time of exposure. Additional tests are in progress

to determine The effects of different primers and carriers for each of the

adhesivc:s. The results of the cyzled specimen tests are shown in Fig'jre 135.
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I

Additional RAAB cycled tests will be made during Phase II in the 600

series Tasks. These tests will include cycling of several types of adhesives

in the RAAB configuration. These tests will compare adhesive systems in

service with the PABST system using identical specimens and environment

conditions. Also included will be a cycled environment with the cycled load

which should be more representative of the actual conditions expected to

exist in an adhesive bonded fuselage. Other types of specimens such as shear,

bonded tees to skins, T-peel and configurated specimens should allow a very

good comparison of a large spectra of adhesives when tested as the PABST

adhesives are. Tests will also be run on determining the optimum cycle

including ramp to load and unload rates which will help set a standard for

future cycle test'ng. Tests on "neat" adhesive specimens will continue to

develope parameters for the characterization of the FM73 adhesive.
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FIGURE 133. LAP SHEAR (RAAB) (TWO OF SEVEN TEST AREAS SHOWN)
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- IFM73

ENVIRONMENT:
140°F 95 100 PERCENT RH

CYCLE: I
3 1 HOUR LOADED - 15 MIN-

AF55 UNLOADED

CYCLES 2______\

(1000) EA6281

M1133(

900 1500

ADHESIVE CYCLED SHEAR STRESS (PSI)

FIGURE 135. CYCLED LOAD/ENVIRONMENT TEST
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Mechanical Fastening Tests

Mechanical fastening of Primary Adhesively Bonded Structural Components

is primarily limited to major longitudinal and circumferential joints. The

objective of this program is to establish manufacturing procedures, require-

ments and limitations associated with hole preparation and mechanical

fastening of bonded joints. The areas of investigation cover hole generation,

riveting methods and interference-fit fastener installations. Drill lubri-

cants, coolants and solvents used for this program were also evaluated to

determine the effect on FM73 adhesive system.

Test Procedures and Results.-

Test Specimen Fabrication for Hole Generation, Riveting Methods and
Interference Fit Fastener Installations: -Coupons were taken from each parent

sheet of 7075-T6 unclad aluminum alloy material used in this program. A

minimum of three coupons per parent sheet were tested in compliance with

Federal Test Method Std. No. 151B to determine sheet mechanical properties.

Test results are recorded in Table 54.

Parent sheets (48" x 144") of .040" and .090" gages were sized into

48" x 72" sheets for subsequent matinq. Sheets were phosphoric acid anodized

and BR127 primed using production processing. The FM73 adhesive film was

applied by materials and process engineering metal bond personnel. Bagging

and autoclave cure was conducted. Autoclave temperature was 255°F, pressure

application was 40 psi, and sheet temperature ranged from 250'F to 255°F for

95 minute cure cycle. Bonded sheets were sized into 36" x 48" sheets,

assigned an identification number and ultrasonic C-scan insDerted. The C-scan

recordings indicated neither bond delamination nor bond voids for all parent
* sheets. Each detail specimen was identified prior to shearing (.040-.040")

or sawing (.090-,090") to 4" x 5" size for traceability to the parent sheet.

A cross-index of sheet identification to detail specimen numbers with material

and bond data is recorded in Table 55. Figure 136 shows the C-scan record

for bonded sheet No. Al-l. Figure 137 shows the method used for traceability

uf dcLdii specimen to bonded sheet.

Bond delamination at specimen edges was observed as the various detail

specimens(.090" - .090") were subjected to ultrasonic C-scan inspection and

visual examination of the bond interface. This condition was attributed to

275 J M P;



TABLE 54

SHEET MECHANICAL PROPERTY - TENSILE STRENGTH TEST RESULTS

LABORATORY TEST DATA TESTNO 10204
SHEET 1 OF 1

TEST DESCRIPTION TENSILE STRENGTH MATERIAL 7075-T6BARE

DATE 9 JULY 1975 SALESORDER DJ19A2E0 T2.1 EWO NO

REQUESTED BY W. D. GAST PHONE QUANTITY OF COUPONS 9

TEST PROCEDURE TY&E AT ROOM TEMPERATURE

2-INCH GAGE LENGTH

LOAD RATE 95KSI/MIN STRAIN RATE E.S.T PSI ULT_

ASSIGNED TO R. F PHILLIPS WITNESS-

SPECIMEN SIZE (IN AREA ELONGATION ULT TENS STR ULT YLD STR

CODE W T (SO IN I 1%) LOAD PSI LOAD PSI

MP.1.A1 05470 00390 00213 11.8 1830 85,915 1650 77.464

MP-2-A1 05471 0.0396 00217 11 7 1860 865,714 1671 77,000

MP.3-A1 05472 00393 00215 11.0 1867 86,837 1686 78,418

MP. I A2 05483 0.0391 00214 11.7 1848 86,355 1674 7 78,224

MP.2 A2 0.5476 0.0395 00216 114 1867 86,435 1689 78,194

MP.3-A2 05474 00392 00214 113 1854 86,635 1680 78,504

MP-1-A3 05470 0 0907 00496 11.5 4170 84,072 3942 79,475

MP-1-A3 05478 00910 00498 116 4189 84116 1 3960 79,518

MP.t-A3 05480 00902 00494 118 4167 84,352 3930 79,554

TABLE 55

SHEET AND DETAIL SPECIMEN IDENTIFICATION CROSS INDEX

SHEET JFM73 3OND DE TAIL
IDENTIFICATIONL BOND THICKNESS SPEC

NO SHEET MATERIAL FILM RANGE NO

Al 1 1OiT6 :0G430040 IN) I PLY 00010008 IN SI S78 INC

A2 1 70lb.r f6;U4LI0040 1N 2 PLY 00120014 IN S141SI 81NCL

A3 1 7075 16 10090090 IN) I PLY 0005500075 IN S19S140 INCL

A3 2 7015-T6 (0090-0090 IN) 2 PLY 001>000135 IN S179S216 INCL
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FIGURE 137. DETAIL SPECIMEN IDENTIFICATION AND TRACFABILITY
TO BONDED PARENT SHEET
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heat generated from the sawing operation when detail specimens were sawed to

size from the parent sheet. Penetration of fluorescent penetrant occurred on

less than one-half of the total area showing bond ,;elamination by ultrasonic

C-scan or by visual examination. This condition had no affect upon the

outcome or results of the planned mechanical fastening tests but it is being

reported to high-light a potential problem associated with sawing of bonded

members. See Figures 138 and 139for typical bond delamination by visual

examination and C-scan record.

Lap Shear Specimen Fabrication and Test Procedure: - A sheet of 7075-T6

.125" unclad aluminum alloy was sawed to size for lap bonding with FM73

adhesive after phosphoric acid anodize and BR127 prime. The bonded sheets were

identified as A4-1 and A4-3. A total of 28 lap shear specimens were sawed to

size from the bonded sheets per ZC008242-511 configurated drawing. The 28

specimens were identified and checked with a Fokker bond tester prior to

drilling of .250" diameter holes. See Figure 140for illustration of typical
lap shear specimen.

Specimens (seven per variable) were submerged in type A drill lubri-

cant (DAC Proprietary),type B drill lubricant (DAC Proprietary), and

solvent (1-1-1 Trichloroethane). Seven specimens were retained as control

(no-soak).

Five specimens of each variable were removed from the solutions after

138 days of submersion. These specimens in addition to five control specimens

were subjected to lap shear test.

The remaining specimens were removed from the solutions after 139 days

of submersion and were visually examined with the remaining control specimens

for bond line porosity. Examination showed an absence of porosity in

specimens from A4-1 sheet, but specimens from A4-3 sheet displayed porosity

in the bond line. Specimens were then subjected to lap shear test.
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.250" diameter

0.000

.125" - 7075-T6 Bare Aluminum Alloy/FM73-1 Ply Adhesive (Wt. .045/ft2)

FIGURE 140. LAP SHEAR SPECIMEN

The failure mode for the initial 20 tested specimens was of a cohesive

type. All 20 specimens exceeded the minimum psi lap shear strength require-

ment of 4000 psi as specified per DAC Specification DPS 1.950 SPEO 001 "D."

However, comparison of test results revealed that specimens from the A4-1

sheet provided higher shear strengths (4,885 psi average) than those from the

A4-3 sheet (4,143 psi average), see Table 56.

j
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TABLE 56

LAP SHEAR TEST RESULTS

Spec. Parent Test Fokker Ultimate Shear Psi
No. Sheet No. Variable Quality Units Shear Load (Let Area)

1 A4-1 Control 21R 4662 4846
2 A4-1 , 20R 4620 4838
3 A4-1 20R 4340 4618
4 A4-I 20R 4875 5121
5 A4-1 21R 4590 4889

27 A4-1 17R 4641 4990
* 28 A4-1 Control 17R b51 5056

6 A4-1 Type A-Drill Lube 14R 41 U_ 1 4442
7 A4-1 4 12R - 4640 4911
8 A4-1 12R 4470 4802
9 A4-1 I 22R 4972 5098

10 A4-1 22R 4912 5058
* 21 A4-3 20R 4215 4282
T2 A 4-3 Type A -Drill Lube 20R 4365 -4421

11 A4-1 Type B-Drill Lube 20R 4650 t
12 A4-1 20R 4,10 4 110
13 A4-3 20R 3990 4U94
T4 A4-3 j 20R 4080 j 4117
T-15 A4-3 L2uR I 42J0 1 4256

* 23 A4-3 20R 45u2 4669
* 24 A4-3 Type B -Drill Lube 20R 4360 4bW3

16 A4-3 Sol vent 20R 4042 4167
17 A4-3 20R 4200 4301
18 A4-3 20R 4003 4036

M-3 20R 4070 4165
20 A4-3 I 2UR 3940t 4006

A4-3 1 20R 439 4437
26 j -3 Sol vent 20R 4427 4493

NO,: Initial testing of 20 specimens was conducted on 3 DecemDer j975.
*Follow-up testing of 8 specimens was conducted on 8 Decemoer 1975.
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The r-,iaining 8 specimens failure modes were also cohesive. The

minimum psi lap shear strength exceided 4000 psi, and the strength values

were once again lower on specimens from the A4-3 parent sheet.

A review of test results indicates that drill lubricants and solvents

used for this specific test do not affect the shear strength of FM73

adhesive. Howiver, presence of porosity from the bonding process does reduce

the bond shear strength. A comparison of Fokker Bondtest quality units

showed no direct correlation to shear strength values. However, Fokker

values indicated that shear values were within 60 to 80 percent of the

maximum rated shear strength. Refer to Table 56 for recorded results.

Detail Specimen Bondline Inspection and Examination Procedures: - Detail

specimens were inspected and examined upon completion of the various test

variables. The procedural sequence follows: ultrasonic C-scan, dye penetrant

application, separation of specimens bond line and examination of bond inter-

face. Any deviation of this procedure shall be stated wherever applicable.

Ultrasonic C-scan inspection was conducted by nondestructive test (NDT)

laboratory personnel. A C-scan record of each specimen is on file for

future reference.

Three materials were used for the penetration check; Hy-Rez type SKL-H

Magnaflux dye penetrant, Sandoz aluminum blue "A" dye penetrant and ZL60 high

sensitivity flourescent penetrant. The latter material is preferred and was

adopted after initial use of the two dye penetrants was deleted.

Hy-Rpz dye penetrant was applied to holes with a brush and allowed to

air dry prior to separation of specimen by wedging apart.

Sandoz aluminum blue "A" dye was applied by submerging detail specimens

in a bell jar. A vacuum was applied to evacuate all air from the chamber.

The vacuum was removed to allow atmospheric pressure to enter. Specimens

were water rinsed and oven dried at 125*F for a period of 4 hours before

wedging apart.

The procedure for application of ZL60 flourescent penetrant was the

same as for Sandoz aluminum blue "A" dye except that specimens were air

dried in place of furnace dried.
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A full width wedge (see Figure 141) was adopted for use after one specimen

(S-42) was separated with one inch wide wedges. The full width wedge is

driven in one direction providing ease of specimen separation and elimination

of sheet distortion. The wedging stress lines are in one plane whereas wavy

stress patterns develop when small wedges are inserted in multi-directions.

Specimen bond interfaces were visually examined using incandescent light

and ultraviolet black light where fluorescent penetrant was applied.

Hole Generation: - This investigation utilized three methods of hole generation;

controlled feeds and speeds hand drilling (2700 rpm) and high speed drilling

(20,000 rpm). In addition, the effects of excessive drill point force and

excessive heat from dull drills were investigated.

All specimens prepared by the three hole generation methods were

positioned in a drill fixture or to a drill plate. A new unused drill was

used to drill a total of 20 holes in each specimen as shown in Figure 142

with drill curfigurations as shown in Figure lA3. The first, tenth and

twentieth holes drilled were visually examined for microinch finish. A ball-

gage and a micrometer were used to determine hole diameter, elongation and

taper. Exit burr heights were measured with a micrometer. Specimens were

subjected to bond line inspection and examination.

A QDA-10 Quackenbush pneumatic power unit was used in conjunction1 with

No. 20,3/16" and .2344" x 6" extension standard jobbers drills to drill holes.

Gears were interchanged in the power unit to provide tne desired feed and

speed variables. The feed variables were .002 and .006 inch per revolution

(IPR). The speed variables were 400, 1400 and 3000 rpm (spindle speed).

Drill lube (Type A) was applied to drills in a mist from spray applicator.

Jobbers drills are shown in Figure 143. The .2344" holes were finish sized

with a piloted machine reamer (.2340 pilot x .2450" body) and a 450 rpm

(spindle speed) hand motor. A typical controlled feed and speed test set-up

is shown in Figure 144.

The measured hole data results are recorded in Tables 57 and 58. The

C-s:an records and visual examination revealed no delamination around the

drilled holes. Examination under ultraviolet black light showed penetration

of fluorescent penetrant from a trace to .032" at the hole periphery as
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Step 1I Insertion Step 2 -Wedge Inserted
of Wedge Approximately 1/2 Length of Specimen

Specimen Completely Wedged Apart

FIGURE 141. SPECIMEN SEPARATION BY WEDGING
25



L SPECIMEN NO.

HOLE NO.

FIGURE 142. TYPICAL DRILLED SPECIMEN WITH HOLE NUMBER ORIENTATION

! FIGURE 143. DRILL CONFIGURATIONS
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FIGIIRF 144. CONTROLLED FEED AND SPEED TEST SETUP
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reported.

The drill fixture was used with slip-fit bushings inserted for centering

of drills. A pneumatic power hand motor was used with #20 and 3/16"

extension jobbers drills (see Figure 143) to generate the holes. Specimens

were drilled dry (without lubricant) and with drills dipped in Type A

lubricant.

Hole generation data results for hand drilled specimens are recorded in

Tables 59 and 60. Bond delamination was not detected by either ultrasonic

C-scan or by examination of bond interface. Inspection under ultraviolet

black light showed some fluorescent penetrant around the holes as recorded,

Detail specimens were clamped between drill plates for high speed hole

generation. A DAC design drill motor (C652-74859-TDSI) with 20,000 rpm rated

spindle speed was used with high spiral/high speed drills for full size (one-

shot) drilling and for predrilling. 0.2344" holes which were reamed at 450 rpm

with a hand motor and a piloted machine reamer (.2340" pilot x .2450 body).

DAC drill lubricants ( Type A and Type B ) were applied to drills in a mist.

Test set-up for high speed drilling is shown in Figure 145,
Lubricant Nozzle

H. S. Motor;

.Lubricant
" (oservoi r

FIGURE 145. HIGH SPEED DRILLING TEST SETUP
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The measured hole data results are recorded in Table 61. Adhesive

failures at 90 percent of the holes were observed on speciment S-21 and at

one hole on specimen S-92. All other specimens of this variable were free

of bond delamination. See Figures 146 and 147 for bond interface adhesive

failure and C-scan record of speciment S-21 and figures 138 and 139 for

speciment S-92.

Bonded specimens (S-29 through S-32) were subjected to 100 pound and

200 pound applied loads from the points of 3" No. 10 and No. 20 standard

jobber drills. The drills were installed in a drill press and the selected

load applied with the drill stopped as shown in Figure 148. The drill was

started and the applied force at drill break through was recorded. The

specimen was allowed to deflect as each hold was unsupported for 3/4".

Specimens were inspected for bondline inspection and examination.

The following preliminary work was conducted prior to the applied force

test.

* The accuracy of the scale was checked and found to be + 2 pounds of

the indicated reading.

* Hand drilling tests were run with three mechanics. The applied force

ranged from 25 to 33 pounds with a No. 20 drill and from 28 to 52

pounds with a No. 10 drill.

e The applied force ranged from 50 to 55 pounds when drilling with a

QDA-10 Quackenbush and a No. 10 drill.
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FIGURE 146. BOND INTERFACE ADHESIVE FAILURE

I t IliI
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FIGURE 148. DRILL POINT FORCE TEST SET-UP
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Specimens subjected to drill point force evaluation were not examined or

measured for hole generation data. Ultrasonic inspection of drilled speci-

mens showed no delamination. Visual inspection of bond interface revealed no

adhesive failures. Fluorescent penetrant was undetected in the bond inter-

face when viewed with ultraviolet black light. The applied force of 100 and

200 pounds as shown in Table 62 includes the dead weiqht (18 pounds) on the

scale. The net applied force is 3 to 8 times in excess of hand and power

equipment drilling.

TABLE 62

DRILL POINT FORCE IN POUNDS

SPEC. DRILL APPLIED FORCE BREAK THROUGH NET APPLIED FORCE NET BREAK THROUGH
NO. SIZE IN POUNDS FORCE IN POUNDS IN POUNDS FORCE IN POUtDS

S-29 120 100 80-90 82 62-72

S-30 £20 200 150-190 182 132-172

S-31 110 200 180-195 182 162-177

S-32 110 100 90-110 82 72-92

Test specimens were primed with MIL-P-23377 epoxy polyamide primer

on the exterior surfaces to determine if primer discoloration would occur,

thereby proving a visible means of heat detection. Undersized holes were

predrilled and then Tempilaq (Temperature Indicating Liquid) of various

temperature melting points was applied to both specimens surfaces at each

hole.

Each hole was then opened up to full size with flame torch heated cobalt

drills. The drill point was flame heated to temperature of 1400OF to 1500OF

while being rotated in a drill press, when the point turned a cherry-red the

flame was removed and the speciman was immediately drilled. The specimen

surface temperatures as indicated by the melted Tempilaq are recorded with

the results in Table 63 . Specimens were subjected to bond line inspection

and examination.
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Primed surfaces showed no discoloration after Tempilaq was removed.

Specimens were not examined or measured for hole generation data. The ultra

sonic C-acan reflector technique was acceptable for these specimens. Visual

examination revealed adhesive failures as specified in Table 63 , the

adhesive failure at the hole periphery ranged from .005" to .020" with the

majority.005" to .010." Inspection of bond interface with an ultraviolet

black light showed some fluorescent penetration.

See Figure 149 for adhesive failures on specimen interface. See Figure 150

for photomicrograph of adhesive failure. See Figure 151 for C-scan record

of adhesive failures.

TABLE 63

SPECIMEN SURFACE TEMPERATURE DATA

SPECIMEN DRILL SIZE Sf-EET TEMPERATURE OF VISUAL FLUORESCENT
NO. THICKNESS PREDRILL FINALi E'TRATCE EXIT ADHES I VE PENETRATICN

_25o13501450 250350 450' FAILURES

S-45 .087"/.088" #20 #10 1,1 M - M M - 117 of 20 holesTrace at 5 holes

S-46 .087"/.088" #30 #20 1 M'-I I i - 12 of2 oe TraceatOroe

S-113.1855"/.1875" #20 7 lo A M -- 0o .010" at hole 11

S-1 141.1855"/. 1875" #30 #20 - T-I of 20 holes !Trace at 8 holes

"M" indicates that the Tempi laq melted.
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Riveting Method Procedures: - A total of 16 riveted specimens were prepared

to the configurations listed in Table 64 . Universal head MS20470AD5 and
MS20470AD6 rivets (2117-T4 aluminum alloy) were upset to maximum diameter and

to minimum height to induce maximum rivet expansion. The upset diameter (D.)
and height (H.) was .265" D. x.047"H for 5/32" diameter and .312"D x .063"H

for 3/16" diameter rivets.

TABLE 64

Riveted Specimen Configurations

Spec. Bonded Sheet Bond Ply Rivet Hole Installation
No. Nom. Thick. Dia. Dia Method

S-37 .0875" 1 5/32" .161/.1635" Vibrate
S-38 .0875" 1 5/32" .161/.1635" Compression Squeeze
S-39 .0875" 1 3/16" .192/.195" Vibrate
S-40 .0875" 1 3/16" .192/.195" Compression Squeeze

S-109 .1865" 1 5/32" .161/.1635" Vibrate
S-110 .1865" 1 5/32" .161/.1635" Compression Squeeze
S-ill .1865" 1 3/16" .192/.195" Vibrate
S-112 .1865" 1 3/16" .192/.195" Compression Squeeze

'-147 .0930" 2 5/32" .161/.1635" Vibrite
S-148 .0930" 2 5/32" .161/.1635" Compression Squeeze
S-149 .0930" 2 3/16" .192/.195" Vibrate
S-150 .0930" 2 3/16" .192/.195" Compression Squeeze

S-185 .1930" 2 5/32" .161/.1635" Vibrate
S-186 .1930" 2 5/32" .161/.1635" Compression Squeeze
S-187 .1930" 2 3/16" .192/.195" Vibrate
S-188 .1930" 2 3/16" .192/.195" Compression Squeeze

Initially rivet heads and butts were removed because they would mask the

ultrasonic beam adjacent to the hole in the area where possible delamination
may exist. In the process of rivet head and butt removal, the micro-shaver

blade would in some cases penetrate the surface primer and anodize. The bare
shiny surfaces (7/16" diameter) adversely affected ultrasonic transmission.

An investigation conducted by NDT laboratory personnel revealed that a uniform
primed surface was paramount for optimum transmitted signal amplitude. The
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following procedure was adopted for all riveted specimens subjected to C-scan

inspection:

Rivet heads were drilled off and then rivet shanks were removed from

specimens with a drive pin punch and a hammer with a back-up support. Each

specimen surface was painted with zinc chromate primer prior to C-scan

inspection. After C-scan specimens were subjected to Sandoz aluminum blue

dye penetrant prior to wedging apart.

Riveting Method Results: - No bond delamination was encountered by ultrasonic

C-scan inspection. Visual examination of bond interface revealed neither dye

penetration nor bond delamination (See Figure 152). However, examination with

a lOX magnifying glass showed crescent shaped metal slivers in some holes as

shown in Figure 153. Spectrograohic analysis confirmed that slivers were of

the same material (7075) as the specimen sheet. A riveted specimen was cross-

sectioned for metallurgical examination. The photomicrograph in Figure 154

shows displacement of the sheet material into the bond interface. It is

concluded that the sliver breaks from the parent sheet when it is wedged

apart, which may be related to the bond fracture on 50 oercent of the holes

in thin material of .040" bonded to .040". See Figure 155 for bond fractures

at holes. The extent and amount of fractures diminishes in thicker material

of .090" bonded to .090".
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Interference-fit Fastener Installation: - Specimens with varied amounts of

interference-fit were predrilled and reamed to final size to provide the

desired interference between the hole and the fastener. Specimens were

prepared and evaluated in three phases to determine if bond delamination would

occur as the inte-ference was increased. Interference fit of .0045" was

evaluated in Phase I interference fits of .0055" and .0065" were evaluated in

Phase II and interferences of .0075" and .0085" in Phase III. Each specimen

was ultrasonic C-scan inspected after holes were drilled to ensure that

specimens were free of bond delamination prior to fastener installation.

The heads of 3/16" and 1/4" diameter, 6AL-4V titanium, close tolerance,

straight shank pins were removed for installation. The procedure to install

headless pins evolved from initial testing that revealed adverse affects on

ultrasonic transmission immediately adjacent to the holes from fastener heads.

Headless pins were vibrated into holes with a rivet gun and a rivet set

applied to the shank end. See Figure 156 for typical fastener installation.

The procedure to ultrasonic C-scan specimens with fasteners removed was
adopted because installed pin-ends caused reflections that affected ultrasonic

transmission. Pins were removed in the same manner as installed. Interfer-

ence fit test variables and penetrant materials used are listed in Table 65

S -42 Thread End S-152 Shank End

FIGURE 156. TYPICAL INTERFERENCE FIT FASTENER INSTALLATION SPECIMENS
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TABLE 65

Interference Fit Test Variables

Phase Specimen Spec Thickness FM 73 Fastener Interfer- Penetrant
No. No. Nom. Bond Film Nom Dia ence F.T. Material

(inches)

S-41 .0875" 1 Ply 3/16"
S-42 .0875" l Ply 1/4" .0045 HyRez Type- 'l-15 .0930" 2 Ply 3,'!6" Dye
S-152 .0930 2 Ply 1/4"

S-43 .0875" 1 Ply 3/16"
S-44 .0875" 1 Ply 14", .0055 & SANDOZ Alum.
S-153 .0930" 2TPIi 3/T16 .0065 inum Blue
S-!54 .0930" 2 Ply 1/4" "A" Dye

S-47 .0875" 1 Ply 3/16" .0075 & ZL60 High
III S-48 .0875" 1 Ply 1/4" .0085 Sensitivity

Fluorescent
Penetrant

Effect of Interference on Bond-Line/Results: No unacceptable delamination

was discovered by ultrasonic C-scan transmission. Examination of bond

interface revealed an absence of delamination and of penetrants. However, it

was observed that stress rings were present at each hole and that as the

amount of interference increased the diameter of the stress ring increased.

See Figures 157 through 159 for bond interface of the various interference-

fits an! Figure 160 through 164 for stress ring comparisons.
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Wedging Stress
Pa ttern
Smnall Wedges

FIGURE 157. BOND INTERFACE FOR 0.0045" INTERFERENCE FIT
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DIRECTION OF WEDGE
WEDGING STRESS INSERTION
PATTERN
FULL WIDTH WEDGE

* I ID 4 46

S-44

FIGURE 158. BOND INTERFACE FOR .0055" AND .0065" INTERFERENCE FIT

DIRECTION OF WEDGE
INSERTION

S-48

FIGURE 159. BOND INTERFACE FOR .0075" AND .0085" INTERFERENCE FIT
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Arrows indicate stress ring

FIGURE 160. STRESS RING -0.0045" INTERFERENCE FIT

* " - ,- - %

Arrows Indicate stress ring

FIGURE 161. STRESS RING - 0.0055" INTERFERENCE FI
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Arrows indicad'e stro s. ring Arrows indicate stress ring

FIGURE 162. STRESS RING -0.0065" FIGURE 163. STRESS RING 0.0075"

INTERFERENCE FIT INTERFERENCE FIT

FIGURE 164. STRESS RING -0.0085" INTERFERENCE FIT
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Specimens were prepared for installation of HLT 335-6 HI-LOK pins with

.0065" interference-fit and S4931919-8 MD pins with .0045" interference-fit.

Pins were driven into holes using the vibratory method. Self-locking type

nuts were tightened and torqued to induce joint preloads equivalent to 4C

percent and to 80 percent of the titanium alloy pin yield strength. Nuts

were torque striped.

Specimen thicknesses were measured and recorded prior to fastener

installation, after preload by torquing, and after exposure to test tempera-

ture. Test temperatures were ambient and 180OF for a period of 91 hours.

After completion of the measurement check, nuts were rotated counter clockwise

1800 and then retightened to the original torque values.

Fasteners were removed, specimens were subjected to fluorescent

penetrant check. Ultrasonic inspection was by-passed because transmission

would be affected by the shiny countersunk cavities. Specimens were separated

for visual examination at bond interface. Photographs of typical specimens

are shown in Figures 165 and 166 . Test variables and fastener hardware are

listed in Table 66 .

HLT335-6 Flush Hi-Lok Pin S-4931919-8 Flush MD Pin

FIGURE 165. JOINT CLAMP-UP FIGURE 166. JOINT CLAMP-UP
3/16" NOMINAL DIAMETER PIN 1/4" NOMINAL DIAMETER PIN
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TABLE 66
JOINT CLAMP-UP TEST VARIABLES

7075-T6 X .040" bonded to .040"

SPECIMEN BOND FLUSH PIN I NOMINAL NUT P/N TORQUE SOAK
NO. THICKNESS P/N PIN DIA. HOLES 1-10 HOLES 11-20 INCH POUNDS TE14PERATURE

S-50 .007/.008" HLT335-6 3/16 S4932389-3 MS21042-3 x 25 Ambient

S-5I HLT335-6 3/16 S4932389-3 MS21042-3 x 25 180*F

S-52 HLT335-6 3/16 S4932389-3 M521042-3 xx 45 Ambient

S-53 HLT335-6 3/16 S4932389-3 MS21042-3 xx 45 180OF

S-56 S4931919-8 1/4 MS21042-4 - x 68 Ambient

S-57 S4931919-8 1/4 MS21042-4 x 68 180-F

S-58 S4931919-8 1/4 MS21042-4 xx IO Ambient

S-59 .007/.008" S4931919-8 1/4 MS21042-4 - xx 110 1809F

S-156 .0125/.0130" HLT335-6 3/16 S4932389-3 14S21042-3 x 25 Ambient

5-157 HLT335-6 3/16 S4932389-3 MS21042-3 x 25 180*F

S-158 HLT335-6 3/16 S4932389-3 MS21042-3 xx 45 Ambient

$-159 HLT335-6 3/16 S4932389-3 14S21042-3 xx 45 180*F

S-160 S4931919-8 1/4 MS21042-4 x 68 Ambient

S-161 S4931919-8 1/4 14S21042-4 x 68 180OF

S-162 $49 3 191Q-8 1/4 I4S21042-4 xx 110 Ambient

S-163 .0125/.0130" S4931919-8 1/4 MS21042-4 xx 110 180F

x = 40 Percent Bolt Yield Strength
xx = 80 Percent Bolt Yield Strength

The measured joint thickness remained constant from the initial to the

final measurement. Therefore, cold-flow of adhesive did not occur under

these test conditions. The torque stripe was realigned on all loosened and

retorqued nuts to further substantiate that cold-flow had not occurred.

Visual examination of separated specimens revealed no delamination. Adhesive

failure was observed at 2 of 120 holes in specimens with .0125"/.0130" bond

thickness. No adhesive failures were observed out of 120 holes in specimens

with .007"/.008" bond thickness.
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Penetrant was not visible between the specimen mating surfaces when

inspected with an ultraviolet black light. However, where the 1000 counter-

sink cavity extended through the bond line and into the bottom sheet, a ring

of penetrant was visible around each hole. These rings were measured with a

scale and varied from a trace to .010" for holes in which 3/16" nominal

diameter pins were installed, and from .010" to .020" for holes in which 1/4"

nominal diameter pins were installed. Figure 167 photograph shows fluorescent

penetrant around the hole. Figure 168 photograph shows a cross-section of an

installation typical to specimen S-58.

10 5 10

TYPICAL
FLOURESCENT
RING

6 1 1 6

S-58

Top Sheet Bottom Sheet

FIGURE 167. FLOURESCENT PENETRANT AROUND HOLES IN BOTTOM SHEET
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FIGURE 168. CROSS SECTION TO SHOW FASTENER INSTALLATION AND DEPTH OF COUNTERSUNK CAVITY
Typical to specimen S-58
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Metallic Materials

The followinq tests were considered essential for testing metallic
materials to PABST design requirements: (1) fatigue, (2) fracture toughness,

and (3) crack growth. In Phase Ib most of the testing was directed towards
7475-T761 sheet since it represented a newer aluminum alloy for primary
structure.

Smooth fatigue, Kt = 1 have been measured at R = +0.05 and R = +0.5 at

a maximum stress of 50 ksi and 60 ksi respectively in the longitudinal and
transverse direction for 7475-T761 sheet having .090 inch thickness. The
effects of phosphoric anodizing and chromic anodizing on fatigue properties
were compared to bare condition. Three specimens were tested at each stress
level and stress ratio. The log averages are shown in Table 67.

The reduction in smooth fatigue life by chromic and phosphoric anodizing
appears to be approximately the same compared to the bare condition.

Four fracture toughness panels of 7475-T761 have been tested in the
longitudinal and transverse direction for fracture toughness. The fracture
toughness is shown in Table 68. In the longitudinal direction the fracture
toughness is approximately equivalent to 2024-T3 sheet; however, in the

transverse direction the fracture toughness of 7475-T761 is sliqhtly lower

than 2024-T3.

Fatigue crack growth measurements of 7475-T761 were made from AK = 5 to
AK = 20 in longitudinal and transverse directions in laboratory air. The
results are shown in Figure 169. Fatigue crack growth in 7475-T761 sheet is
higher than literature values of fatigue crack growth in 2024-T3 sheet
(reference 6).

Crack growth data at -500C from (reference 7) was compared to room

temperature data for 2024-T3 and 7075-T6. The crack growth at the lower
AK's, less than 20 ksi ITn, was always less than at room temperature. At

higher AK's the crack growth tended to be equivalent.

Crack growth data at elevated temperature from (reference 8) were made
in laboratory air from ambient temperature to 572 0F for 2024-T3. Crack

growth at 212OF is about double compared to laboratory air.
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TABLE 67

SMOOTH FATIGUE 7475-T761 SHEET

GRAIN STRESS

DIR KSI CYCLES R

BA RE L 50 55,000 0.05
PHOSPHORICANOI L 50 26,200 0.05ANOD IZED

CHROMIC
L 50 33,000 0.05ANOD IZED

BA RE T 50 41,800 0.05

PHOSPHORIC T 50 26,600 0.05
ANODIZED
C H ROM ICANOI T 50 29,600 0.05ANOD IZED

BA RE L 60 370,000 0.5

PHOSPHORIC L 60 122,000 0.5
ANODIZED
CHROMICANOI L 60 77,700 0.5ANOD IZED

BA RE T 60 122,300 0.5
PHOSPHORICANODI T 60 75,200 0.5ANOD IZED

CHROMICANOI T 60 68,500 0.5
ANODIZED
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TABLE 68

FRACTURE TOUGHNESS 7475-T761 SHEET

PLANE STRESS
INTENSITY

DIRECTION FACTOR$ Kc

LONGITUDINAL 155

LONGITUDINAL 163

TRANSVERSE 124

TRANSVERSE 125
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R =0.05

NO. I
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NO. 3R0.
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FIGURE 169. FATIGUE CRACK-GROWTH DATA FOR 0.090-INCH 7475-T761 SHEET (36-INCH)
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Adhesive Material Properties Obtained from

Cast Adhesive Film (Neat) Test Specimen

Early in te PABST program a need to evaluate a number of similar

adhesive system suggested that cast adhesive film (Neat) tension specimens

may be used to obtain comparative mechanical property data including the

effects of temperature and water absorption. An exploratory test program

was initiated to study the use of Neat tension specimens to evaluate adhesive

mechanical properties.

Test Method. - A simple Neat adhesive test specimen, consisting of a cure d

film of adhesive approaching .040 inch thick and cut into a dumbbell shape

with a 0.50 inch wide test area approximately 4 inches long, was chosen for

all tests in order to take advantage of an alignment jig developed by Douglas

Aircraft Company. This jig was designed especially for testing of composite

material specimens where accurate alignme.nt of the test specimen was required.

Not only is the specimen aligned to minimize eccentricity, but the loading

fixture is controlled to clamp the specimen at the same gage length for all

tests. This added feature allowed tests to be performed using cross head

travel as a strain control. Strain can then be recorded to failure without

any problems of extensometr range.

In order to establish a relationship between cross head travel and

equivalent gage length, an experiment was set up. A two-inch extensometer

was attached to the specimen and set up to drive the test machine recorder

at a rate of .004" per inch. Timing marks were scribed on the recorder trace

at regular intervals. The equivalent gage lengthG,could then be calculated

from the equation

G 2T (Cross Head Velocity)
Extensometer Deflection

where T is the total time for the chosen extenqometer deflection. Note that

the linearity of the stress strain curve does not enter the relationship.

Tests were performed to the displacement limit of the extensometer. The

results of four tests were an equivalent gage length G of 4.265 inches with

a coefficient of variation of 1.5 percent.
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Strain data for large strains accompanied by local neck down will be

biased by the use of the 4.265-inch gage length compared with the more

customary 2-inch qaqe. This bias should be recognized when comparing strain

to failure data with that obtained with a shorter gage length extensometer.

Stress-Strain Data. - Load deflection curves were generated for three adhesive

systems, FM73, AF55, and PL-729-3. Secant modulus curves can be converted

to stress by the simple transformation

,j = Strain Rate x Time x Secant Modulus

Constant strain rate load deflection curves were generated for FM73,

AF55, PL-729-3, M1133, and EA9628. Dry test specimens had been stored in

laboratory air prior to testing, while wet specimens were conditioned at 1400 F,

100 RH, for at least 48 hours and stored in the humidity chamber until tested.

The test chamber was stabilized at temperature prior to testing but did not

have humidity control. No anomalies were apparent to indicate that much

water was driven off during the test. Data obtained from these tests provides

a means for judging effects of strain rate, temperature and water absorption

on adnesive mechanical properties.

Stress Relaxation. - In order to obtain additional insight into the time

dependent properties of the FM73 adhesive system chosen for the continuation

of the PABST program, a number of stress-relaxation experiments were performed.

Specimens were loaded at a 2 inches per minute cross head travel rate to a fixed

total strain and stress relaxation observed. FM73 adhesive exhibits a very

consistent stress relaxation described currently as linear olotted log-log;

i.e., Log E(t) m Log t + E.
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NONDESTRUCTIVE INSPECTION

The objectives of Nondestructive Inspection, NDI, for Phase Ib were to:

1. Detect defects in adhesive bonded assemblies,

2. Evaluate applications and limitations of NDI methods,

3. Measure cohesive bond strength,

4. Correlate effects of defects on bond strength and fatigue life,

5. Design an evaluation method for production and in-service
inspectabi lity,

6. Select NDI methods for in-service inspection,

7. Identify "non-state-of-the-art" NDI concerns.
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Evaluation of Built-in Defect Specimens

Various built-in defects were produced in typical laminate and honeycomb

specimens. These panels were evaluated by various NDI methods to determine

which methods reliably detected the different defects. These methods included:

0 Low energy X-ray (5 to 50 Kv)

* Fokker Bondtester

e Sondicator (Automation Industries) Figure 170

* Harmonic Bondtester (Shurtronics) Figure 170

* 210 Sonic Bondtester (NDI instruments) Figure 170

* Ultrasonic Contact Tests (Reflectoscope) Figure 170

Pulse-echo ringing

Thru-transmission

Surface wave

Shearwave (Honeycomb only)

e Ultrasonic Immersion Tests (C-scan) Figure 171

Thru-transmissi on

Reflector Plate

Pulse-echo ringing

* Acoustic Emission (Thermal scanning of defect side or water

intrusion side of honeycomb panels)

* Tap Test (coin)

* Neutron Radiography

The results of this investigation for the built-in defect laminate panels

and for the build-in defect honeycomb panels are shown in Tables 69 and 70

respectively. fypical comparative results obtained by X-ray radiography,

neutron radiography, ultrasonic C-scan, and split-open visual comparison are

shown in Figure 172.
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X-RAY NEUTRON

ULTRASONIC VISUAL

FIGURE 172. COMPARISON OF BUILT-IN DEFECT SPECIMEN
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State-Of-The-Art Methods Evaluations

Based on the results of the tests of the build-in defect panels
(Tabels 69 and 70) and of the numerous bonded test panels of various sizes

and configurations, the following conclusions were obtained:

Low Kv X-Ray. - AF5S and FM400 are X-ray opaque and enable voids and porosity

to be detected in metal-to-metal areas. Although attempts have been made by
adhesive manufacturers to make adhesi'es X-ray opaque, Figure 173, it is not

anticipated that the FM73, used for the ADP component, will be X-ray opaque.
X-ray is required for detecting honpycomb core and fitup defects and water

intrusion.

Fokker Bondtester. - This tester is excellent for detecting voids, porosity,

and thick glueline in bonded laminates. However, the honeycomb close-out
zones are more difficult to inspect using the Fokker than metal-to-metal

joints. Correlations of Fokker readings and cohesive bond strength will be
made for FM73 during Phase !I after joint configurations and thickness of

aluminum have been determined. The DAC Fokker Model 67, Figure 174, will be
replaced by the more versatile Model 70, Figure 175, purchased to obtain

optimum results with this method.

Sondicator. - Various models have been evaluated. Since the repeatability of

results and sensitivity has been poor, this method has been dropped from
further use on the program.

Harmonic Bondtester. - This tester has limited application. However, it is
useful for detecting large voids (1/2-inch dia.) in skin-to-core or single
laminate joints where the face sheet is less than .090 inch. in very large
disbonds, the instrument may not indicate the disbond when the probe is at

its center.

210 Sonic Bondtester. - This tester is excellent for detecting voids in
laminates and honeycomb. It is used primarily to insDect all large panels.
There are some stability problems with instrument and probes which are being

worked out with the vendor.
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Contact Pulse Echo Ultrasonic. - This method has limiced application, and is

used as a back up to the Fokker and the 210 Bondtester. It suffers from

destructive wave interference at certain adhesive and metal thicknesses.

Contact Thru-Transmission Ultrasonic. - This method is useful for detecting

voids and gross porosity in metal-to-metel close-outs on honeycomb panels and

edge doublers on laminates. However, it also suffers from desti.ctive wave

interference but less than for the contact pulse echo ultrasonic method.

Immersion Pulse-Echo C-Scan. - This method has limited use. It suffers from

destructive wave interference for certain adhesive and metal thickness. It is

difficult to use on contoured panels. The maximum specimen size is limited

by the immersion tank size.

Immersion Thru-Transmission C-Scan. - This method is excellent for detecting

voids and porosity in laminates and honeycomb. However, it requires special

equipment for large panels, squirters for honeycomb panels which cannot be

immersed, and contour followers for contoured parts. It is easy for an

inspector to interpret signals on the CRT. This method is eicellent for

permanent plan view recording of results for repeat inspections during fatigue

tests although it suffers slightly from destructive wave interference.

Immersion Reflector Plate C-Scan. - This method is used extensively fcr the

inspection of flat panels and specimens. It suffers from destructive wave

interference. Other concerns are similar to those fcr the thru-transmission

devices described above.

Coin Tap. - This method is useful for large area skin-to-core and upper face-

sheet laminate unbond.

Neutron Radiography. - This method is excellent for detecting defects such as

voids and porosity in laminates and honeycomb. It is useful for detecting

water intrusion in honeycomb. Reactor produced neutron studies were performed

at Atomics International at a reasonable cost. This would be an excellent

inspection method if costs could be further reduced and an in-plant neutron

source was available. It should be noted that the Californium 252 technique

was not investigated because of costly quotations for services.

Acoustical Holography. - This technique appears to offer excellent promise

for inspecting bonded structures but quotations for servi.es were too costly

to pursue.
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Holographic Interferometry. - This method has limited use. It is not very

useful for inspecting complex laminates because of the inability to stress

the void areas; thermal stressing does not work well on aluminum. It is

better for inspecting honeycomb but few voids exist at the skin-to-core area.

It does not work well on loLating voids at honeycomb closures or multi-

laminate (honeycomb) metal-to-, tal ar s. Flaws located by ultrasonic and

X-Ray methods are not detectable by holographic interferometry.

Acoustic Emission. - This method appears useful for failure analysis studies

especially during fatigue tests but it is not considered to be a state-of-the-

art method for PABST. It is capable of detecting cohesive failure but

requires correlation studies. Feasibility studies indicate it can detect

water entrapment in honeycomb and corrosion in bonded laminates when the part

is heated. Further studies are needed before it becomes a state-of-the-art

method.

338



Bonded Reference Standards

Before NDI can be performed, it is desirable to have reference standards

with built-in voids at skin-to-adhesive and adhesive-to-second-laminate or

honeycomb core. Various methods for making reference standards were

investigated. The two most promising methods are illustrated in Figurel76.

Standards of this type will be made, for each joint configuration, for

Phase III fabrication inspection.
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Correlation of Nondestructive Testing, NDT, Results

Numerous test specimens and bonded assemblies were evaluated by a combin-

atior of X-ray or neutron radiography, ultrasonic C-scan, and Fokker, Harmonic,

or 210 bondtesters. Results were obtained in the form of ultrasonic C-scans;
radiographs; by marking the part surface and photographing; or by making a

sketch of the part and denoting the size, type, and location of the discon-

tinuity on the sketch. Certain specimens or parts were selected for defect

verification by cutting or separating the joint for visual examination.

X-ray radiography was used to detect voids and porosity in opaque

adhesives such as AF55. It has also been used to detect crushed or condensed

core and foaming adhesives (not X-ray opaque) tie-in at core splices or

closures. Figure 177 is a typical example of porous foaming adhesive at a

core splice. Rejectable splice No. 1 was almost completely void of foaming

adhesive.

Figure 178 is a composite photograph of NDT results for the front face

cold-bonded doublers, of a test panel. The original photographs were in

color to define the red (Harmonic) marks from the black (210 Bondtester)

marks. The part was photographed before removinq the rejected doubler

(not shown) and rephotographed again on the face side and adhesive side

(Figure 178) for correlation. The best correlation was obtained by the 210

Bondtester. Also see Fiqure 172 for additional correlations for X-ray,
neutron, C-scan, and visual of one of the built-in defect panels. See the

section entitled, "Mechanical Attachments", for verification of bond
separation, due to overheating, by ultrasonic C-scan. Numerous other examples
could be given. Basically, the visual verification of NDT results has been
very good.
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Cohesive Bond Strength Determination

The Fokker bondtester (Figure 175) is the only state-of-the-art instrument

used for measuring cohesive bond strength according to a literature search.

MIL-STD-860, "Fokker Ultrasonic Adhesive Bond Test," specifies the test

procedure for using the bondtester. It should be noted that MIL-STD-860

needs to be revised based on recent knowledge.

In June, 1976, Fokker-VFW B.V., Reference 9, establishing FM73 correlation

curves for shear strength to glueline thickness, to glueline porosity, and to

bondtester indication. The adhesive was FM73 with a woven carrier. The

sheet material was dural 2024-T3 alclad, thickness 1.6 mm (.063 in.). Surface

treatment was carried out in accordance with the Fokker VFW specification
TH6.7512 chromic acid anodizing (TH6.7851) included. The anodized surface

was sealed with BR127 primer prior to bonding. Similar tests will be run at

Douglas but with 2024-T3 bare material, FM73 with mat carrier, and phosphoric

acid anodize surface treatment.

Panels are made approximately 12 inches square. The glueline is 1.25 in.
wide by 12 inches long running down the center of the panel. On either side

of the glueline ,re 12 inch long shims. The shims are varied in thickness in

each panel from .002 in. to .020 in. This causes a controlled thickness

change in the adhesive. Also, as the adhesive thickness increases so does

the porosity. Neutron radiographs are made of each panel to determine the

degree of porosity in the adhesive layer. After Fokker bondtest, 11 shear

test specimens are cut out of each panel with each specimen having a width
of 1 inch and overlap length of 1/2 inch. The specimens are then destructively

tested, the load at failure recorded, and the shear strength calculated.

Figure 179 illustrates a typical Fokker bondtester quality diagram for bonded

laminates. For quick Fokker evaluation, a tapered adhesive standard,

illustrated in Figure 180, may be used. Continuing evaluations of Fokker

cohesive bond strength correlations will be made in Phase II.
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3 IN.

0.020 IN.--m

SIN.

FOKKER BONDTESTER
0 CRT PRESENTATIONS

0.002 IN. 4

FIGURE 180. POSITIVE REPRODUCTION FROM X-RAY NEGATIVE OF AF-55 TAPERED SHIM STANDARD
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Effect of Bond Flaws

During Phase Ib, many design development specimens were fabricated with

built-in flaws. All specimens were initially checked by NDI to determine the

size of the initial flaw. In some cases, the intended flaws were not gener-

ated because FM73 is such a free flowing adhesive that it filled in intended

voids. Elox notches were made in some metal members prior to bonding. The

growth of cracks, from the notches, were visually monitored if the crack was

at an accessible surface; if not, the crack growth rate was followed by

periodic X-ray radiography during the fatigue test. Voids or fractured bond-

lines were periodically checked for growth by Fokker or 210 Bondtesters

during fatigue testing. In a few cases, voids were detected during initial

inspection and small holes were drilled into the voids and filled with room

temperature curing adhesives using hypodermic needles. The void repair was

subsequently rechecked by NDI and the parts then fatigue tested. Upon comple-

tion of destructive testing, parts which had been rejected by NDI are returned

for post test inspection and bondline separation and evaluation.

Figurel8l shows the ultrasonic C-scan of a tapered bonded splice after

fatigue test. This C-scan, when compared to initial C-scan, indicated that

damage had occured at the bondline. Dye penetrant was brushed along the edge

of the bondline and dried with a hot air gun prior to separating the joint.

Figure 181 shows that the dye penetrant intrusion was minimal as compared to

the ultrasonic extent of damage. Failure analyses was conducted by engineer-

ing.

Special effect of bond flaw specimens were fabricated with built-in

flaws at specific locations. Flaws included porosity, voids, fractured bond-

lines, and contaminated surfaces. All specimens were ultrasonically C-scanned,

Fokker or 210 Bondtester checked. The AF55 specimens were X-rayed. Void or
porosity specimens containing non-X-ray opaque adhesives were neutron

radiographed. All NDI test results were recorded. Figure 182 shows typical

neutron radiographic results obtained from two bonded laminate defect panels.

Wires were inserted into the bond joint to create porosity. In some cases,

the intended defects were not generated and the parts were rejected arid remade.
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Correlations will be made between defect type, size and damage

tolerance criteria to: (1) Improve materials and process controls selection,

(2) Improve the design of bonded joints, (3) Establish NDI acceptance

criteria for production and in-service inspection, and (4) update the damage

tolerance criteria.
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Design Review for Production and In-Service Inspectability

Continuous design review is performed to determine the ease or difficulty

of inspecting bonded joints. Figure l83illustrates the basic design concepts

vs NDI. Tapered parts are more difficult to inspect than flat parts. Thin

parts are easier to inspect than thick parts. "J" or "T" frames cause

difficulty in placing the Fokker probe over the bonded joint but a short

right-angle connector probe was manufactured for the 210 Bondtester to solve

the problem. Because fractured bondlines usually occur at joint edges, 't

was recommended that multiple bondlines be staggered so a probe can be run

along the edge of the joint over a single thickness of material.

The Phase Ib objective was to evaluate the honeycomb, external and
internal longeron design concepts for in-service NDI and for: (1) complexity

of joint designs, (2) types of defects anticipated in-service, and

(3) accessibility for inspection.

The approach was to:

1. Prepare built-in defect specimens and evaluate them by state-of-the-

art NDI methods or techniques.

2. Correlate the results of the NDI tests with destructive tests of

specimens from production parts and specimens fabricated with

built-in defects (Effects of Defects Program).

3. Prepare a rating system.

NOTE: This evaluation of the concepts was highly qualitative.

Based on ALC/PABST/Commercial experience, more detailed

evaluation will be conducted on the ADP design in

Phase III.

An example of a design review scheme for rating the three concepts is

shown in Table 71. General comments concerning in-service accessibility for

all concepts is shown in Table 72.

PABST In-Service Insectability Design Rating. - After reviewing the three

design concepts, they were numerically rated for inspectability. Table 71

shows that the External Longeron Concept (without external fairing) has the

lowest numerical rating and, hence, is more easily inspectable. The ratings
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are as follows:

(1) External longeron - without external aerodynamic fairings

(2) Internal longeron

(3) External longeron - with external aerodynamic fairings

(4) Honeycomb

and include consideration of the following:

(a) External longeron with external aerodynamic fairings will require

removal of fairing to gain access for longeron bond inspection.

(b) External longeron without external aerodynamic fairing allows for

easy access to longerons for bond inspection. Internal frames will

require bond inspection from inside fuselage.

(c) Internal longeron concept will require inspections be performed

from inside fuselage.

(d) Honeycomb will require bond inspections from external and internal

surfaces. Splices and edge close out areas are more difficult to

NDI than similar areas in metal-to-metal bond joints. Radiography

required for determination of core damage, corrosion, or cracked

skins due to denLs.

In-Service Inspectability Concerns. - In-service inspection of bonded

structure will become practical only if:

(1) Joint designs are inspectable,

(2) The number of joints requiring inspection are reduced to a minimum

to reduce time and cost of inspection while meeting strength

requi rements,

(3) NDI methods are capable of reliably detecting service induced

defects,

(4) NDI equipment is portable, light weight, easy to operate, repeat-

able in response, and reliable,

(5) Built-in defect reference standards, of typical joints, are avail-

able to NDI personnel for calibrating instruments,
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(6) NDI personnel are adequately trained in bond inspection techniques,

(7) Acceptance criteria are established before inspections are con-

ducted,

(8) Repair procedures are established and available to prevent long

down time of an aircraft when defects are detected,

(9) NDI procedures and reference standards are established and avail-

able to evaluate the quality of the repairs,

(10) The effect of moisture or corrosion (in joint) on debond detection

capability is determined, and

(11) The inspection of large wide body aircraft, which is difficult in

the "Field" because of lack of access to interior surfaces,

availability of work platforms, etc., can be accomplished at the
"Depot" with the better equipment and increased personnel.

Selection of NDI Methods for In-Service Inspection. - The PABST ADP article

will be fatigue tested during Phase IV. As part of this test, periodic NDI

checks will be required on critical areas selected during Phase II and III,

along with applicable NDI methods. Both the NDI methods and acceptance

criteria will be available in written form for fabrication inspection,

Phase III, and for periodic inspection of the ADP article, Phase IV. The

manhour costs and ease or difficulty of NDI checks will be determined.

At the present time, the principle debond or fractured bondline detection

methods are the Fokker, Harmonic, and 210 Bondtesters. The reports that sep-

arated joints filled with moisture may not be detectable by Fokker or 210

Bondtester is presently being investigated at Douglas. A bonded laminate,

returned from service with partial corrosion separation at the bondline, has

been obtained. The laminate will be evaluated by Fokker Bondtester, Harmonic

Bondtester, 210 Bondtester, ultrasonic, X-ray and neutron radiography, and

acoustic emission in the dry state. After all test results are recorded, a

section of the panel will be placed in a humidity cabinet (to wet the

separated areas) and tests repeated to see if moisture alters the test results

or detection capability.

Generally, honeycomb assemblies are X-rayed to detect moisture intrusion

and corroded core as illustrated in Fioure 184. Recently, acoustic emission
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has been investigated as a means of detecting moisture and/or corrosion in

adhesive bonded laminates or honeycomb. Feasibility studies were conducted

using a Dunegan acoustic emission monitor and heating the test specimen, see

Figure 185. A corroded laminate (dry) was obtained. The sea-rch unit, 100-

300 KHz, was placed on one side and the opposite side was scanned with a hot-

air gun. At about I minute heating time, slight emissions were obtained,

Figure 186A. The panel was then soaked in water for 30 minutes and the test

repeated. A significant increase in counts was detected, Figure 186A. A new

(uncorroded) dry honeycomb panel was obtained. The search unit, 100-300 KHz,

was placed on one side of the panel while the opposite side was scanned with

a hot-air gun. No acoustic emission response was obtained, Figure 186B. A

hole was drilled into one face and into the core and water was added through

the drill hole. The panel was retested and yielded a significant increase in

acoustic emission response, Figure 186B. These feasibility studies are

encouraging and further studies will be performed during Phase II.

NDI Limitations. - During the performance of the program, it was determined

that no state-of-the-art NDI methods are available for the following measure-

ments:

(1) Phosphoric acid anodize thickness (2000A),

(2) Adhesive primer thickness (0.1 to 0.3 mils) with accuracy,

(3) Adhesive thickness after bonding (3-12 mils),

(4) Adhesion quality after bonding,

(5) Cohesive bond strength for multilaminate bond joints, and

(6) Moisture intrusion into adhesive after laminate is bonded.

Significant NDI Accomplishments. -

(1) First good study of NDI for adhesive bonds made. Previous studies

were cursory because parts were not primary structure.

(2) A thorough classification developed of defect types and major order

of occurrence.

(3) First good evaluation of applications and limitations of state-of-

the-art NDI methods.

I (4) Industry (management) awareness obtained of need for NDI studies

during a preliminary design phase.

(5) Unified body of knowledge obtained for NDI of adhesively bonded

primary structure.
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MANUFACTURING

During Phase Ib, manufacturing bonding technology was increased through

support of the development test program. Specimens were fabricated ranging

in size from small coupons used for materials and process investigation to

large panels, used for structural integrity testing. A total of 593 bonded

test panels and 94 mechanical assemblies were fabricated during Phase lb.

Fabrication of these specimens aided in the development of the manufacturing

capability toward a full scale component for the PABST program. This

section describes the tools, prefit, verifilm, anodize, prime, and bonding

methods used in Phase lb.

Tooling.- Bonding fixtures were required to manufacture the large structural

integrity test panels used to verify the concept capabilities to resist shear,

axial, and pressure loads and to demonstrate damage tolerance. The fabricated

test panels, shown in Figure 187 ranged in size from about 4 x 5 feet for thp

shear panels to 9 x 14 feet for the large curved pressure panels.

A constant section bonding tool was designed to accommodate any size

or design concept bonded assembly that would be used for panel testing in

Phase Ib or used in fabrication of the full scale demonstration component.

(Figure 188) The 10 foot wide by 30 foot long bonding tool was made of a one

piece 1/4 inch aluminum skin formed to a 108.25 inch radius and attached to a

base structure. The base structure is an aluminum egg crate construction

with large holes through the longitudinal and cross members. The holes

permit the circulation of autoclave air around the bonding tool to ensure a

fast heat up or cool down during the bonding cycle.

The face sheet is attached to the egg crate by means of studs, spot

welded to the outer surface. The studs permit adjustment of the face sheet

to the 108.25 radius.

Various thickness and taper doublers used on the large pressure panels

required the use of a shim between panel and jig face plate. A rubber

blanket was fabricated from multiple layers of uncured thermal conductive
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FIGURE 187. TYPICAL STRUCTURAL INTEGRITY PANELS
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silicone rubber. The uncured rubber was placed on the face of the bonding

tool with release film placed over the rubber to protect the metal details

from coming in contact with the uncured rubber. The assembly was then placed

on top of the rubber, bagged and placed in the autoclave. After cure the

assembly was removed and the rubber blanket sent through a post-cure cycle.

External longerons required a modification to the existing female

bonding tools. Honeycomb core 1-1/2 inches thick and slotted to receive the

longeron was placed on surface of bond tool. A sheet of .020 aluminum,

slotted to match the core was placed on top of the core. A buildup of ther-

mal conductive silicone rubber approximately 3/16 inch thick was applied

over the aluminum sheet. (Figure 189) The longerons were inserted into the

slots and an .090 aluminum sheet placed over the entire surface. This

assembly was vacuum bagged autoclave cured at 3500 at 100 PSI for one hour.

The rubber sheet was used to compensate for tapered surface of the longeron

leg.

Since surface variances of the detail parts being bonded is a very

critical problem, a rubber face bond tool was built to evaluate the ability

of the tool to compensate for these minor surface variations. (Figure 190)

A 4 x 5 foo., 1/2 inch-thick aluminum plate was rolled to 108.25 inch radius

with aluminum studs welded to the back side and mounted to an aluminum egg

crate structure to maintain the desired shape. A male plaster cast was

constructed having the final desired contour of the bonding tool. The

metal surface was cleaned and sprayed with a silicone primer. A layer of

1-mil release film was applied to the surface and held in place with teflon

tape. The cast was lowered into the bonding tool and held off the surface

with 3/8 inch thick aluminum blocks placed around the outer periphery of the

tool. DACPO-50(RTV) was mixed and de-aired, and poured into the space between

the plaster cast and the aluminum tool. The rubber was cured at room tempera-

ture for 24 hours and oven cured at 140°F for 2 hours. The plaster cast was

removed after the 140'F cure and further cured for two hours at 250°F and

followed with a post-cure at 350'F for two hours. The rubber face bond tool

was used to bond several test assemblies in Phase lb. The tool was evaluated
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FIGUR'9 190. RUBBER-FACED BONDING TOOL
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for compression properties and thermal conductivity. The tool demonstrated

it had sufficient flexibility for parts being bonded with surface variances

of not more than 0.020 inch. After several cure cycles the rubber surface

took on a permanent waviness. Small detail specimens were also made with a

different type of RTV rubber to evaluate the heat transfer and waviness

associated with rubber thickness. See Figure 191.

The bonding tool for the non constant section was similar to the design

of constant section tool. The face sheet, sourced from large plaster shape,

was an autoclave cvred epoxy laminate. 1/4 aluminum plates were laminated

into the face laminate sheet to receive the stud welded bolts for attachment

to the base structure.

The detail part fabrication tooling used for Phase Ib was minimal. The

forming tools were fabricated using sheet plywood. The use of plywood caused

hard and soft spots in the forming surfaces with these spots creating ir-

regularities in the bonding surfaces of the. detail parts. The surface ir-

regularities exceeded the established + 0.005 tolerances. This condition

has been corrected through the use of masonite, a harder and more durable

material for the fabrication of forming tools.

Prefit and Verifilm.- Detail parts for all assemblies were prefit and held

to a tolerance of G.005 inch or less using light finger pressure (approxi-

mately 5 psi). When tack rivets were used for locating the detail parts,

the rivet hole was made larger than the rivet diameter so that the details

would float and seat themselves under pressure and temperature. In ord~r to

ensure proper fit, a verifilm operation was used prior to any processing or

bonding to prove if the c.'-emhly was qualified for bonding. To perform a

verifilm test, a complete puoel was assembled, Verifilm was placed on all

faying surfaces instead of the adhesive, Figure 192. The panel was processed

through the autoclave in the same manner as a bonded assembly, except the

cure cycle was changed from 90 minutes at temperature to 20 minutes at

temperature. It was discovered that verifilm was of little value on flat

panels since discrepancies could be visually checked during prefit. Verifilm

discrepancies (excessive thickness)are noted on Failure and Rejection Reports.
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Anodize and Prime. - This operation is shown schematically in Figure 193. Parts

were received from the metal bond staging area and installed on a picture

frame fixture. This fixture, with installed parts, was processed in the ano-

dize tank and then removed to an area where all parts were inspected for ano-

dize and then primed and oven cured. Following this operation parts were

inspected and if acceptable, dismantled from the picture frame, protective

wrapped, and shipped back to the metal bond area.

Fixture: - A picture frame fixture was fabricated specifically for the PABST

program. This frame was adjustable to the different detail part sizes and

shapes. The parts were held in the fixture, as shown in Figure 194, with

titanium coil springs and titanium spring clips. The spring clips,shown in

Figure 195, were "C" shaped with a "V" shaped bend on each end in order to

expedite the racking and unracking of the detailed parts of various sizes and

shapes. Three different sizes of spring clips were designed and fabricated.

With this system, the proper tension could be maintained on the strings of

detail parts. The string tension was checked just prior to processing and

clips were added as required to produce the desired tension. These springs

proved to be successful in providing electrical continuity in the anodizing

tank with the picture frame fixture. They saved approximately 65 percent in

racking time before anodizing and 75 percent in unracking time after anodiz-

ing over the old system that utilized aluminum wire for tying the parts to-

gether. No electrical contact was lost while using Ti springs but was lost

with the aluminum wire. One wedge crack plate is placed in each electrical
pat!;.

Anidize: - The anodize sequence is shown in Figure 196. Out of the 12 tanks

located as shown, only eight were used for the PABST program. Seven of these

tanks were used for various wash and rinse cycles. The eighth tank (namber

537), shown in Figure 197.is a chromic acid anodize tank converted into a
phosphoric acid anodize tank by lining the existing tank with 0.50 inch
thick, eight percent aritimoniy, lead plate. A PVC liper was mourited over the

!edd 11ining to prevent accidental arcing from ocurring if a detail part car--
in contact with the space leddlininq.
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After a period of time (use plus non use), the phosphoric acid ano-

dize solution became contaminated. The anodize solution was found to contain

an aerobic mold similar to "mother" as found in vinegar. A filtration system

was installed to filter aerobic mold and other contaminants, such as lead

phosphates from the tank. The new filtering system was designed to handle

10,000 gallons per hour in order to ensure total filtration. This sytem was

installed by first draining and cleaning the tank. While the tank was empty,

an additional fluid return line was added to the filtration system. Fluid

piping was run full length along the bottom of the tank to provide agitation

and circulation of the solution during anodize. Air agitation lines were

cleaned and fitted with one way air valves to prevent siphoning of the

solution into the air filter. The tank was refilled and recertified.

A system was devised for adding wedge crack coupons to every string

of details racked for anodizing. A log, in numerical sequence, is kept

for every wedge crack coupon. In addition, the fabrication outline

contains a sheet showing the exact position of each detail and coupon in

each string of parts and the wedge crack number entered on the fabrication

outline. In the event parts are defective and reprocessed,the assembly will

retain the original wedge crack numbers.

Prime: - Different methods of applying primer were studied to ensure the

proper primer thickness. Primer is presently being applied with a conven-

tional spray gun which must be agitated. Some of the methods studied were

automation and the airless spray system. The automation method was ruled

out because of the many design concept configurations. Most of the details

cannot be racked in the exact attitude and held rigid for automatic spray-

ing. Manual application with conventional spray equipment during Phase Ib

was a short term solution. A recirculating spray system will be incorporatea

for use in Phase II and III.
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Several non-destructive techniques were evaluated for measuring film

thickness on aluminum substrate. Test specimens were prepared with phosphoric

acid anodize and different film thickness ranging from 0.045 mils to 0.32

mils. The film thickness was calculated from the change in weight before and

after the adhesive primer was applied. Subsequently, the results were

compared using the isometer, an eddy current measuring instrument, the C-Gage,

a capalitance measuring instrument, and the betascope making use of beta ray

back scattering. Using calculated values as a basis of comparison, it was

concluded that for film thickness range considered, the isometer and the C-

Gage are somewhat more accurate than the betascope, especially for thin

films. The isometer and the C-Gage are more or less comparable in accuracy,

however, none of the instruments are accurate enough for film thicknesses

less than the 0.1 mils required for production inspection of PABST panels.

Further evaluations will be conducted regarding noted instruments for measur-

ing thin coatings.

Bonding. - After the detail parts were anodized and primed, they were shipped

to the metal bond area. The bonding operation is schematically shown in

Figure 198 for a curved skin panel.The skins were assembled in the bonding

tool. Detals were reassembled with the adhesive. Separator films, bleeder

cloth, flash breaker tape, thermocouple, and vacuum bag were installed The

bonding tool and assembled panel were loaded in the autoclave where the bond-

ing took place under temperature and pressure. After bonding, the bonding

tool and bonded panel were removed from the autoclave. The bonded panel was

inspected and then shipped to the assembly area for further mechanical work.

A typical bonding setup for the internal longeron concept is shown in

Figure 199. After prefit, phosphoric acid anodize and prime, the detail

parts were assembled, with the adhesive, on the bonding fixture. A layer of

release film (E-3760) was placed over the assembled part and tool, followed

by a silicone rubber blanket and a layer of bleeder fabric. Aluminum 0.250

inch diameter hollow spheres were used to fill in the areas between frames,

longeron and shear tees. The aluminum spheres covered the assembly approxi-

mately two inches over the highest point of the assembly. Two layers of
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bleeder fabric were ther placed over the spheres. A vacuum bag was installed

and sealed. A vacuum was applied slowly to spread the spheres evenly over the

assembly, and checked for leaks. The spheres acted similar to a fluid by

applying pressure to the faying surface and holding the details in their

proper location. The entire assembly and fixture were placed in the auto-

clave. After the assembly was cured the aluminum spheres were removed along

with the vacuum system.

Excessive adhesive expulsion initially was a major problem since the

expulsion interferes with ultrasonic inspection of the assembly. The high

flow adhesive system, particularly FM-73, flows rcadily at 250°F under a

pressure of 40 PSI. To better control this adhesive flash for inspection

several methods were tried. Mylar tape was applied approximately 1/8 inch

from the edges of the details being bonded and also on the detail flanges.

During the cure the adhesive flash would migrate under and over the tape.

The tape, being only one mil thick, was difficult to remove. Plastic

scrapers were used to remove adhesive flash tht flowed over this tape.

Other methods were tried, such as Teflon Tape and Peel Ply Fabrics.

The method developed for PABST was the use of flash breaker # "5" tape.

The tape is applied along the faying edge of the assemblies so adhesive

has to flow over it, preventing adhesive from bonding to the panel. Next,

a layer of perforated armalon cloth is place(: between the panel and fiber-

glass bleeder cloth allowing the bleeder cloth to absorb the excess resin

without bonding to the panel. The flashing tape was peeled off the assembly

at end of bond cyclk This method reduced cleanup time to a minimum.

Vacuum leak problems were located by using air tech leak detector

bleeder fabric. This bleeder fabric is the last layer bleeder to be

applied under the vacuum bag. The assembly was pulled down under vacuum and

vacuum check performed. The vacuum should not drop over two inches of

mercury in five minutes. If this condition occurred, it would be checked

by spraying air tech leak detector fluid around the vacuum sealing compound

and vacuum valve. The discrepant area would show up immediately by turning

the bleeder fabric to a bright red in color. This system was also used
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for checking vacuum leaks in high temperature epoxy tooling.

Several vacuum sealing compounds were evaluated to determine which

compound held up the best during the cure cycle. Early leak problems

occurred during the cure cycle where the compound would become soft or

bubbly and peel away from the bond tool. General sealant GS-43 MR was

finally selected. At room temperature, this sealant was hard to seal but

would not pull away from the bond tool or vacuum bag. After cure, it

could be removed from the tool with ease and no cleanup was required.
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QUALITY ASSURANCE
This section deliniates the manner in which Quality Assurance is in-

tegrated into the design, manufacturing and test cycle. The goal of total

quality involvement is to improve the integrity and durability of primary

fuselage structure through aJhesive bonding in a production environment.

Quality Assurance Plan - This Quality Assurance plan in Figure 200 encompassed

the elements of (1) Engineering & Release, (2) Procurement, (3) Manufacturing,

Planning, (4) Tooling, (5) Fabrication, (6) Receiving Inspection, and (7)

Engineering test. The Engineering designs were reviewed, verifying that the

quality requirements were included and that NDI (Non-Destructive Inspection)

would be effectively applied. All Procurement orders were placed with

approved DAC supplier sources. The purchase orders were reviewed and quality

clauses and inspection characteristics added. Fabrication outlines are re-

viewed to determine and indicate in the required inspection characteristics.

Tooling used to build the test articles are inspected and "bought off" to

tool drawing requirements.

The fabricated test articles were inspected with acceptance indicated

by a stamp on the test article and the accompanying Fabrication and/or

Assembly Outlines.

Materials being received are inspected to determine if they have been

tested and meet DAC requirements. The materials are tested to the Quality

clauses and characteristics that had been previously added to the Procurement

order.

The test articles are checked to the work instructions with pre and

post evaluation of the completed test.

Fabrication Inspection. - Ten primary inspection stations were provided with-

in Fabrication as shown in Figure 201 to assure product conformity. The detail

parts were inspected to the drawing requirements. The detail parts used for

a specific assembly were reviewed to verify that all details were available.

The detail parts are assembled (pre-fit) to assure proper fit-up of the
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details. The pre-fit was inspected and acceptance verified by "buy-off" on

the fabrication outline. The details used during this operation were marked

with a vibratory pen to maintain identity through anodize and bond. Veri-

film as required was performed.

Anodize and Prime Inspection. - Inspection of the anodized surface was ac-

complished by use of the polarizing filter. The angle of the polarizing

lens to the surface of the part to be tested was maintained at Ol0O. The

detail surface was observed for the appearance of "interference" colors.

While viewing the surface the filter was rotated 900. An acceptable anodic

coating is verified by an observed change to the "complimentary" color

(e.g., purple to a yellow green).

The adhesive primer was applied (0.0001-0.0003 inch thickness), oven

cured, and the primer thickness verified. The primer had been previously

certified as acceptable by DAC. A minimum of five specimens were exposed

for one hour at 140°F and 95-100% relative humidity. Authority to continue

fabrication was given when acceptable wedge crack specimens met quality re-

quirements.

Assembly Inspection. - The primed details were assembled using adhesive film

that had been previously certified by DAC. Acceptance of the "lay up" was

indicated on the Fabrication Outline. The assembly was cured with cure and

pressure recordings inspected. Lap shear and climbing drum specimens were

bonded with the assembly and tested. The assembly was NDI (Non-Destructive

Inspection) and acceptance indicated on the Fabrication Outline. The

assembly was completed by attaching mechanical hardware as required for test.

The complete assembly was then inspected and acceptance verified on the

Fabrication Outline and the assembly.

Control Tests and Recorder. - The status of the control tests conducted dur-

ing this phase are shown in Figure 202. The wedge crack specimens are used

to demonstrate the acceptability of the adhesive primers and surface pre-

paration. The climbing drum and lap shear specimens are tested to demon-

strate the acceptability of the adhesive film,cure cycle, and pressure cycle.
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FIGURE 202. CONTROL TESTS
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Aluminum a!loys 7049 and 7475, and all structural adhesive primers and

adhesive films uzed during this phase were traceable by lot and/or batch

number provided by the supplier to its end use on the assembly. The trace-

able identifier was recorded in the Fabrication Outline.

PABST non-conforming products are identified and controlled to ensure

correction or disposition. Items which can be completed to comply with

design and specification requirements are identified and returned for

completion. All non-conformances are recorded per FRR, These

failure and rejection reports document the reason for the rejection with

disposition instructions. The FRR's were used to qualitatively, rather than

quantitatively, isolate and identify the problem areas for corrective action.

Problem areas identilied and solutions are shown in Figure 203.

Contamination Studies. - Production load test failures of two sets of

anodized wedge crack test specimens initiated an investigation of materials

commonly used irn handling metal bond details. Adhesive failure was observed

for the first time on phosphoric acid anodized parts. Since these parts

were removed from the racks before priming, contamination was suspected.

Abrasion-Compression. - The effect of abrasion and compression, created by

drawing a glass rod across aluminum foil over a phosphoric anodized surface,

was investigated by Scanning Electron Microscope (SEM). The test was devised

to cause compression damage of phosphoric acid anodize to segre;.!te physical

damage from the effects of contamination which may incur some physical

damage.

Contamination Test. - A program was conducted to determine the effects of

the same types of contamination on panels treated with (1) FPL etch and (2)

potassium dichromate sealed chromic acid anodize and (3) phosphoric acid

anodize. Uncontaminated panels and panels damaged by a hard plastic roller

over aluminum foil were made into control specimens. Others were contamina-

ted by white cotton gloves, clean kraft paper, or bare hands. The wedge

crack test specimens used were 0.125- by 6-inch plates of 7075-T6 nonclad

aluminum. The panels were surface treated, contaminated by lightly rubbing
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the bonded surface of the No. I panel with the specified contaminates, except

for the uncontaminated and the aluminum foil compression specimens. These

panels were primed within 2 hours with American Cyanamid BR127, air dried for

30 minutes, and then baked for 1 hour at 250*F. All the panels were bonded

using NARMCO M1133 adhesive and cured for 90 minutes at 245 0F and 40 psi. SEM

micrographs of the surface before priming and after failure were taken to

characterize the physical appearance of the surface due to contamination.

Auger spectras and the carbon depth profiles of the surfaces were taken.

Results showed the following: (1) There were no wedge crack failures in the

phosphori or the sealed chromic acid anodized surface control specimens

on in the n num foil compressed surface specimens. The FPL etch had very

slight edge failure in the uncontaminated control and the aluminum foil

compressed specimens. This type of failure is typical of FPL etched wedge

crack specimens. The white cotton glove, kraft paper, and bare hand con-

taminated specimens showed gross adhesive failure with FPL etch and phosphoric

acid anodize. Chromic acid anodize showed adhesive failure in the wedge

crack stress area only. Compression of phosphoric acid anodize in a hydrau-

lic press using aluminum foil and kraft paper even at 100,000 psi, which

caused great deformation of the anodized film, did not result in any wedge

crack failure. (2) The Auger spectra of the surface before priming, Figures

204, 206 and 208 and the carbon depth profile, Figures 205, 207 and 209, show

an increase in carbon from any of the contamination methods for all surface

treatments. (3) SEM micrographs of the failed wedge crack specimens showed the

replication of the grain boundaries, pits,micropitting and the surface treat-

ment itself.

Controlled Abraasion-Contamination. - A Balance Beam Scrape Adhesion Tester

was modified to provide a known wiping load on the rest surface. The surface

of the cylinder was covered by clean etched aluminum foil or kraft paper and

drawn across the surface of phosphoric acid anodized wedge crack panels under

a load of 1 kilogram. Three adjacent 1/2-inch-wide strips were wiped on each

of the test panels in the area to be exposed in the wedge crack test afterIbonding. Cohesive failure was exhibited by the wedge crack test specimens
when wiped with etched aluminum foil while adhesive failure was observed on

the specimens wiped with kraft paper.
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Fokker Contamination Tester. - The Fokker Contamination Tester was used to

monitor an uncontaminated phosphoric acid anodized surface and a kraft paper

rubbed anodized surface. The Fokker potential of the specimens stabilized

after a 48-hour conditioning period. The wedge crack failures of the kreft

paper .ontaminated specimens were grossly adhesive just as the surfaces

bonded immediately after contamination.

Physical and Chemical Analysis of Contamination - Abrasion. - Examination of

contaminated samples with ellipsometry, PEE, SPD, and water contact angle,

concluded that the changes noted were consistent with a physical disturbance

of the anodic film. Phosphoric acid anodized surfaces of 7075 have been

analyzed by Auger electron spectroscopy, X-ray photoelectron spectroscopy

(XPS), ion scattering spectroscopy, and by both positive and negative second-

ary ion mass spectroscopy (SIMS). Three surfaces were used in this study: a

fresh, untouched anodized surface, an anodized surface which had been lightly

rubbed with a cotton glove, and an anodized surface which had been rubbed with

kraft paper. The oxide formed by phosphoric acid anodizing had a spongy

appearance at high magnification. It had been obsirved that by rubbing this

surface, the top of the spongy layer was crushed and smeared out. It had also

been found that an oxide which had been rubbed with either a cotton glove or

kraft paper was a poor surface for adhesive bonding. To determine whether

the poor bonding was due to the deformation of the surface or to contamina-

tion transferred during the rubbing, the surfaces were examined by the

techniques stated above and the surface features were photographed in a scan-

ning electron microscope. All methods except SIMS showed that there was an

increased level of carbon on the glove and kraft paper contaminated phosphor-

ic anodize as compared to the uncontaminated control. When contaminated, the

carbon level persisted through the anodize layer. Of the techniques studied,

the XPS of the individual carbon lines was perhaps the most powerful method

of studying this form of contamination.

The action taken to ensure that the primer is applied prior to the surface

being touched in any manner appears justified since the application is load

carrying primary structure. Failure, either abrasion or contamination, is

prevented by the early application of primer. No wedge crack failures have

been observed where the primer was applied before surfaces were handled.
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COST EVALUATION

This section contains the cost analysis effort of Phase lb. A detail

effort was made to determine the cost of bonded structure and provide a basis

for assessing economic viability. The analysis provided the quantitative cost

measures of acquisition and maintenance by which technical, manufacturing and

economic decisions were made in the overall process of evaluating and selecting

the design approaches and concepts. In developing the cost measures,

techniques similar to those used for a production aircraft were used in the

estimating process. Credibility for costing was achieved by providing in-depth

visibility and traceability of all estimates and in a consistent manner for

all concepts and the baseline. The estimating process was integrated into the

system development process early in the program to obtain realistic evaluation

of the concepts to avoid abstract and speculative judgments.

The results of the cost evaluation in Phase Ib indicates bonding of

primary structural components offers significant savings over conventional

construction. As bonding requirements and bonding area increased, parts and

complexity are reduced. The cost experienced for assembly labor compared with

conventional construction were dramatically lowered. However, the acquisition

cost is not the only element in the economic assessment. Long term maintenance

cost must also be investigated. Resilts of this study indicate that the

concept with the lowest acquisition cost could exhibit the highest maintenance

costs and ultimately the highest total overall cost.

I RR CEDIE, PAGE BLAW..NoT fXMID
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Acquisition Cost

Acquisition cost is one of two measures that was used as a quantitative

basis for evaluating and ranking candidate concepts with respect to a baseline

configuration. This measure was also used for the same purpose in the

accomplishment of trade studies. Acquisition includes only the labor and

material elements required and associated with the manufacture of an assumed

production buy of 300 aircraft. This includes the direct production labor for

fabrication, assembly, metal bond, initial and sustaining tooling, planning

and inspection. This means that all non-recurring and recurring development

costs were excluded as well as sustaining engineering. The material element

of the acquisition cost is comprised of the raw materials required for

fabrication an assembly as well as the raw materials required for tool

fabrication.

Approach. - Costs were generated using industrial engineering type procedures

and based upon techniques similar to those used on production aircraft that

have proven by extensive experience to be accurate and dependable. For Phase

Ib these procedures were somewhat modified to exclude, to the maximum extent

possible, the use of functional estimating factors. The fundamental premise

was to consider the direct estimating approach as the predominant technique.

Since cost was emphasized as a significant determinant in the selection

process, a systematic and organized approach was formulated and implemented.

This approach is exhibited in Figure 210 which essentially documents the manner

in which cost was integrated into the system development process. It also

provides the interaction between cost analysis and design/development at all

stages of analysis and synthesis.

Estimating Process: - The estimating process, in general terms, consisted of

determining (a) the total quantity of parts to be manufactured and by type,

(b) the number of assemblies per release, and (c) the number of releases.

Material Costs: - Costs were determined for raw materials and purchased parts

by alloy, form and weight. Material utilization factors were assigned based

on the method of fabrication to arrive at the amount of procured material

required versus design weight. Material cost factors were then applied to
quantity requirements and/or utilized vendor quotes.
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Direct Production Labor Elements: - Operational sequence planning on Bid

Worksheets were developed to identify fabrication of detail parts or components

by type and quantity and to identify the assembly of detail parts to provide

end item or component of end item.

The type, quantity, design and fabrication of tooling were determined

for use with the specified manufacturing method. Base standard hours for

operational sequence were developed to include set-up time and run time at

unit TlO . Base standard hours were then converted to estimated actual hours

which provided the amount of hours necessary to manufacture the item, including

all tangible and intangible operations. Estimated actual hours to quantity

requirements were projected using progress curve application. Manufacturing

estimated actual hours to direct labor dollars were then converted for a base

period year.

Planning hours as well as the inspection hours for fabrication, assembly,

metal bond, and tooling were determined separately. Inspection and tooling

hours were converted to labor dollars for a base period year.

All production labor elements were summed. The factors for functional

estimating, direct estimating and conversion to base year dollars are shown

in Table 73.

Ground Rules, Assumptions and Guidelines. - One of the purposes of Phase Ib

was to produce a realistic base of technical and engineering data as inputs to

other disciplines that would permit the selection of a specific concept in a

systematic manner. A prerequisite to implementing the costing approach was a

thorough understanding of the aconomic, technical/engineering and manufacturing

ground rules, assumptions and guidelines in order to derive meaningful results.

Economic Assumptions and Ground Rules: - All costs are expressed in constant

1975 dollars and the labor rates include overhead and G&A, but exclude profit.

RDT&E non-recurring and recurring elements are excluded from the estimates.

The costs are based on a production buy of 300 aircraft. All raw materials are
flat priced and based on a combination of historical data and vendor quotes.

Material costs are based on procured weights and utilization. Sustaining

engineering is excluded from production.

401



LQ~ ~ C.) Ln L L

V CD u. l
U) -2

0 0 .

z . o

0 0
wj - C)*
U) u. C. 00

w. I w . - 0.F-*
I. z Q~ o 0. 0.

0 0 cc 0 W <wL

o Co C. wU b C cc ZU
50 0- <J z L0c

m - j 0 0 LL 0l z zC u <

U) - ~- co - -' U0 ) -1 a j 0 oJU. u w CL 0~~ P~
0 *U >* J 0 <0

0 0 D

wzz
I-n

0 v~ C

IT - - D
-~~ .* -0.

0I 0~ CD L N-w

' U C%: * o 2 .

NU NU Nj z *

*U U* * * 2 .2

o .L 0 .L (D zw

cc Z 0 IL 0
w 4 0 CL Z CC c0 CU.
o o '- - 0 CL z z

~~ 0.) K 0 D ~ z w..
:U 2 2 < M

C, 0.
_3 U) 0) 0 A

* 0 0 0 * 0 0

402



Technical/Engineering Ground Rules and Assumptions: - Each design concept re-

flects a bonded shell with the baseline a riveted shell. Tear straps were

included only in the honeycomb concepts. All configurations contain the hell

hole supporting structure. The window support structure is included in all

configurations. Emergency exit structure is excluded from all configurations;

however, the hatch support structure is included in all configurations.

Items excluded from the estimates were floors, joining fittings forward

of 330 and aft of 992.5, forward pressure bulkhead barrier, wing box, nose

gear provisions, bulkhead panels and keel members, doors, hatches and plugs,

provisions for systems, landing gear pod attachments, the support structure

for landing gear except main landing gear forgings, and sustaining engineering.

Floor tees were bonded on the external and honeycomb concepts to replace

a floor tie-in longeron; however, it was an integral part of the internal

concept. Fairing from wing box to fuselage is included in all configurations.

Manufacturing Ground Rules and Assumptions: - Acquisition cost was a primary

quantitative measure for assessing economic viability and the one by which

technical,manufacturing and economic decisions were made in the overall pro-

cess of evaluating and selecting design approaches and concepts. Therefore,

the costing framework was structured to focus only on the resource elements of

the production function. Within this framework, emphasis was placed on the

recurring elements associated with the production function and this provided

the basis for the manufacturing ground rules and assumptions.

Estimates for the direct labor elements and the material requirements

were based on an average type program of 18 production releases with approxi-

mately 17 aircraft per release. The conceptual production plan and schedule

associated with such a program considered that plant facilities and all capital

equipment were in place at the outset. It was also felt that any new aircraft

program in which adhesive bonding of both primary and secondary structure

became a major element of the manufacturing process would incorporate new

fabrication/assembly flow procedures and also maximize manufacturing efficiency.

These procedures, of necessity, must account for the element of time as a key
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item of certain aspects of the manufacturing process. It was therefore

assumed that an integrated and self contained manufacturing facility produced

the product with appropriate and selective automation. For example, surface

preparations and treatments were assumed to be integrated into the facility

and automated. Also, adhesive bonding of structural components involves more

stringent and time consuming NDI requirements compared to those associated

with conventional manufacturing. Automation of NDI was assumed in which a

test fixture with multiple heads traversed the structure or the structure was

conveyed past the test fixture incorporating the multiple heads.

In deriving the tooling estimates, consideration was given to the ground

rules and assumptions that governed the manufacturing labor. Therefore, the

tooling costs reflects the basic production plan and assumptions regarding

lot sizes and releases. In addition, part type, quantity and commonality were

significant elements in developing the estimates.

Supporting functions to manufacturing (e.g., inspection and planning)

were estimated in two ways. It was assumed that conventional manufacturing

for all configurations induced no changes to the process of making estimates

as a function of the direct manufacturing labor. However, NDI presented a

different problem. Experience showed that this element required a direct

estimate based on area and length in order to avoid a bias to the estimates.
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Description of Concepts

The basic fuselage used in this study is a segment 662.5 inches long

(station 330 to 992.5) with provisions for three windows, two top hatches,

one hell hole, one crew entrance, dummy wing box attachments and keel and

bulkhead attachments.

Baseline. - The baseline is a conventional internal longeron stiffened semi-

monocoque fuselage structure with a constant cylindrically shaped section

approximately 55 feet in length and 18 feet in diameter. The fuselage has a

constant cross section of 108-inch radius aft of station 516 with provisions

for attaching a simulated wing box between station 703 and station 847.

Conventional aircraft construction was used and comprised of aluminum skins;

longerons 13-16 inches on center for top and bottom quadrants and 70 to 80

inches on center for side quadrants; frames 24 inches apart; floor concept

76 inches below FRP although not costed; and two longitudinal keels not costed

20 inches each side of fuselage centerline. Floor bulkheads would have been

located 48 inches apart an,' spliced to the basic frame sections above the floor.

The basic frame section corsisted of a formed TZ' with return flanges joined

to the longeron by butterfly clips.

Internal Longeron. - This concept is essentially identical to the baseline

except that the longerons and frame shear tees are bonded to the skins instead

of being mechanically fastened. The frame clips are tee sections

for bond strength to the skin in contrast with angles in the baseline. The

longerons are J sections versus Z sections for the baseline.

External Longeron. - This concept is a stiffened shell similar to the internal

longeron conrept except that the longerons are bonded to the outer surface of

the skins. rhe longerons are tee shaped to reduce the effect of aerodynamic

crossflow. This concept uses unnotched shear clips bonded to the internal

surface. Frame spacing is identical to the internal longeron concept where

required crown head rivets are used.

Honeycomb. - This concept is a full depth honeycomb sandwich with no longerons

for the pressure shell. Frame spacing is increased from 24 inches to 48 inches

]except under the wing on the side panels. The majority of the shell splices

are hot bonded with the remainder cold bonded and mechanically fastened.
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Frames consist of a cap tee bonded directly to the shell. The inner element

of the frame is either a formed 'V' or machined 'L' mechanically joined to

the tee. Treatment of bulkhead and keels is identical to the other bonded

concepts. In all other areas where mechanical attachments are used to join

other structure to honeycomb sandwich, solid aluminum edge members are used

for local reinforcenitnt.
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MAINTENANCE

It was recognized that measuring and assess~ng quantitatively the im-

pact of maintenance on cost was an involved and complex procedure. This was

reinforced by the unavailability of a firm and audited data base that was

representative of operational bases and depots. Therefore, cursory analyses

were conducted to obtain a gross categorization or ranking of concepts with

respect to maintenance. The primary objective was to establish a ranking of

repairs for specific concepts and in a general manner determine if acquisition

savings were offset. In this regard, assessments were made of the repair

actions for assumed physical damages in specific locations on each concept.

The repair concept assumed single repair actions (no production line type

repairs) and followed the production procedures outlined earlier but utilized

shop aid tooling. The results show that the most expensive repair cost

were attributable to the honeycomb concept. Of the total of five types of

damages assumed, corner repairs incur the greatest cost regardless of concept.

The external and internal concepts were relatively close for all repairs and

have a slight edge over the baseline - not as commanding a reduction as the

acquisition cost comparison. The results should be considered at this time

as preliminary and not applicable as a decision-making tool similar to the

acquisition cost results. During Phase II the maintenance aspect is to be

investigated more thoroughly and an attempt will be made to obtain a usable

data base from which to measure and derive maintenance cests.
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Results

Part Quantity Comparison. - The bid worksheets were developed and the detailed

part count made with the parts grouped or classified by type. The part count

was representative of the concepts and baseline based on the costing ground

rules and assumptions. Table 74 is a compilation of part type and part

quantity and shows a comparison of all concepts with the baseline configuration.

The part count for the baseline and the internal longeron concept are the

same since the baseline is an internal longeron concept assembled with

conventional riveted and mechanical construction. A feature of the three

concepts evaluated was that as the amount of bonding increased the pat count

decreased.

Within the part count of the external longeron concept there is a

redundancy of 199 parts for floor and keel attach tees to fuselage skin.

These were included at the cost analysis design freeze but should be removed

and the external longeron concept part count reduced from 3116 to 2917 and the

* grand total from 82,908 to 82,709. This change would also impact the tool

quantity requirement for the external concept and would reduce the overall

cost of the external concept. Based on the parts count shown in Table 74

and the assumption that parts count is a good indicator of complexity, a

preliminary projection was made of ranking of the concepts with respect to

acquisition cost - honeycomb concept lowest, external second and internal

third.

Tooling Comparison. - The detailed information with respect to part type, tool

type, quantities and method of manufacture was directly coordinated with the

tooling estimator. While this information provided the tooling estimator with

the basic data, it was necessary to conduct a thorough review of the drawings

and coordinate his efforts with the experiences gained with the tooling

constructed for the large test panels. Tool concepts were derived and

specifically sized for the parts identified on both the planning documents

and the drawings. As noted earlier, the 199 redundant parts in the external

longeron concept would impact the tooling toward reduced requirements and

reduced costs. A comparison of tool type and quantity is contained in Table 75
and a glossary of types of tools delineated in that table is shown in Table 76
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Cost Summary by Major Resource Element. - A cost summary by major resource

element of the acquisition cost is shown in Table 77 . These costs are in

constant 1975 dollars and are the cumulative average of the 300 production

units. The manufacturing labor elements of fabrication, assembly and metal

bond have been segmented in order to clarify the changes that occurred in

each element as the amount of bonding increased and the area bonded increased.

As the quantity of parts bonded and area increased (internal to external to

honeycomb) the metal bond labor and inspection costs increased; but, the

overall fabrication and assembly and metal bono 1bor was dramatically reduced.

The highest cost for inspection was experienced with the honeycomb due to the

large amount of NDT requirements. Overall significant cost savings were

demonstrated for each of the concepts compared to the baseline. The honeycomb

ranked number one, external longeron number two and the internal longeron

concept third. Howev. the results indicate that the internal and external

concepts are very close.

Manufacturing Labor Hours Reduction. - One of the most encouraging aspects

of the results is that large savings in direct manufacturing labor can be

achieved with adhesive bonding. As examples-, the percentage reduction in labor

hours compared to the baseline was estimdted at 25% for the internal concept,

27% for the external concept and 43% for the honeycomb concept. This reflects

directly into productivity improvements for the manufacturing function. From

that standpoint, the improvement in pounds produced per dollar of input over

the baseline ranged from a +27% to +62% for the concepts studied.

Damage Pepair Cost Summary. - Table 78 contains a comparison of the costs to

make a single repair of the types given on a single aircraft and would not be

typical with a production line type of operation. In effect it is a Tl type

value built up the same as that explained for the acquisition cost but not

reduced to cumulative average value of 300. The tooling is primarily a shop

aid classification.

The results show that the most expensive re-pair costs are experienced

with the honeycomb. Of the five repair examples door corner repairs incur the

greatest cost regardless of concept. The external and inLernal concepts are

relatively close for all repairs and exhibit a slight edge over the baseline -

not as commanding a reduction as the acquisition cost comparison.
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Integrated Cost Measure. - This overall cost includes the acquisition costs

plus the long term maintenance cost represented by the repairs described

earlier but continuing over a life period of 20-years. This should not be

considered as the life cycle cost since many elements of cost have been excluded.

The ground rules and assumptions used as guidelines for implements to the

cost measure were:

(a) A fleet of 300 aircraft was assumed for acquisition and operations.

(b) Aircraft utilization was based on 5 days per week and 260 days per year.

(c) It was assumed that the fleet would incur a minimum of one physical

damage per operating day.

(d) The only maintenance considered is that associated with the physical

damage or hypothetical repair.

(e) All part details and expendable tools and shop aids were fabricated at

the base where repair occurred.

(f) Estimates are based on the hypothetical repairs depicted in engineering

drawings and could or could not be typical of other areas.

(g) Labor estimates include initial inspection, disassembly, tooling

fabrication, part fabrication, damage repair, reassembly and final

inspection.

(h) All labor expended on the aircraft assumes two men working.

(i) The damage was repaired because it was known to exist. Inspection to

disclose damage was not considered.

(j) Three separate cases were evaluated based on number of repairs incurred.

1. Fixed Case - All concepts and the baseline incur the same number

of repairs.

2. Variable Case - Assumed a fixed quantity of repairs for both the

baseline and internal concept (260); a ten per cent increase (or 286)

in repairs for the external concept due to exposure to physical

elements for damage; and a 50% increase in repairs for the honeycomb

due to skin thickness and greater susceptibility to a variety of

causes for physical damage.

3. Sensitivity - All concepts and baseline estimated for a series of

damages at 50, 100, 200 and 300.

The basic data for implementing and ranking the concepts by the integrated

measure is shown in Table 79 . In the first horizontal column the unit

acquisition cost and the unit repair cost is given for each configuration.
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The remaining three horizontal columns contain the information with respect
to the number of repairs incurred per year for the total fleet and the total

dollars incurred for acquisition plus 20 years of maintenance repairs. As

an example, in the variable case or second horizontal column 260 repairs are

shown for the baseline and a cost of $237M. To arrive at the $237M the
following calculations are made.

1. The average unit acquisition cost (first column) of $611,335
is multiplied by the 300 production aircraft which yields a

value of $183.4M. This is a one-time cost.

2. The average unit repair cost (first horizontal column) of

$10,335 is multiplied by the number of repairs per year (in

horizontal column) and then by 20 years for a value of $53.5M.

3. The two costs (acquisition and maintenance) are summed for a

total of $237M (rounded).

The same procedure is used for all cases except in the sensitivity case the

number of repairs are shown in the left hand column. The repair cost per

unit is the average of the values given in Table 78.

The data contained in Table 79 were used to develop the graph of the

integrated measure of the acquisition cost and the maintenance cost shown in

Figure 211. The points plotted on the various curves for the configurations

is for the variable case contained in Table 79 and was only as an example.
In that example the internal longeron concept (N) and the external longeron

concept CX) exhibited the lowest total costs - respectively $198M and $200M.

These plots in Figure 211 clearly show that the baseline (BL) is not competitive

with the internal and external concepts regardless of the number of repairs due
to its higher front end costs (acquisition). The baseline becomes competitive

with the honeycomb only at the larger quantities of repair due to the
significantly higher repzir costs for the honeycomb concept. For fixed case

assumptions, the honeycomb concept is competitive with the internal and external

concepts respectively up to repair quantities of approximately 160 and 140.
However, since it is more likely that the honeycomb concept would incur more

damages the fixed case consideration should not be emphasized.
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Cost Conclusions

From the knowledge and understanding coupled to the technical and

manufacturing results over an 18-month Phase Ib period, sufficient economic

and cost data have been derived to conclude the following: (a) all concepts
evaluated offer decisive acquisition cost advantages over conventional

construction, (b) front end exposure costs (production) are significantly
reduced, (c) lower total long-term costs (acquisition plus maintenance) for
both producer and user, (d) the honeycomb concept offers the least exposure

to front end manufacturing costs, (e) the external concept provides acquisition
cost advantages over the internal longeron concept; but on the basis of total

long term costs (maintenance included) these two concepts are very close,

(f) honeycomb repair costs rank highest (most costly) while the internal and

external are similar.

Additional maintenance analyses are needed to establish type of
inspection problems, scheduled and unscheduled maintenance requirements and

their frequency.
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APPENDIX A

This section contains trade studies which were used to determine the

merits of various combinations of structural arrangements, materials, manu-

facturing and joining methods as they affect the selected and approved

structural design concepts. The following trade studies are included in

this section:

s Honeycomb Stiffened Skin Panel Impact Resistance Tests

* Foreign Object Damage

a Honeycomb Core Thickness Study

e Honeycomb Edge Member Study

a External Longeron Evaluation

* Internal Longeron Shape Study

a Maintenance Repair Designs For Production Concepts
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Honeycomb Stiffened Skin Panel Impact Resistance Tests

Summary. - Impact tests on metal honeycomb stiffened skin panels have shown

that impact resistance can be improved by increasing the skin thickness or

by decreasing the honeycomb cell size. Skin rupture energy can be increased

by increasing the honeycomb core density at constant cell size. From an

overall appearance point of view, all of the honeycomb stiffened skin panels

were dented to an extent that repair would probably be required.

Purpose. - These tests were conducted to: (1) determine the impact resist-

ances of honeycomb stiffened fuselage skin panels made from different face

sheets, honeycomb core densities, and honeycomb cell sizes, and (2) compare

these impact resistances with the impact resistance of a conventional

lungeron/frame stiffened fuselage skin panel.

Test Specimens. - Eleven honeycomb stiffened skin panels and one longeron/

frame stiffened skin panel, shown in Figure Al , were tested for impact

resistance. The longeron/frame stiffened skin panel was a broken piece from

a previously tested shear panel. This panel was cylindrically shaped with

a 108.0 inch radius identical to the fuselage constant section. The skinj

was 0.040 inch thick, 7075-T6 bare aluminum material. Longerons and frames

stiffened the skin at twelve and twenty-four inch spacing, respectively. The

honeycomb stiffened skin panels were also cylindrically shaped with a 108.0

inch radius. Panel width and length was twelve inches. The face sheets were

2024-T3 bare aluminum material of 0.020, 0.032, and 0.040 inch thickness.
These face sheets were stiffened by 0.80 inch thick 5056 aluminum hexagonal

non perforated honeycomb core having densities of 3.1, 3.4, 4.3, and 5.2

pounds per cubic foot. Corresponding cell sizes were 0.188 inch for the

3.1 pcf honeycomb core and 0.250 inch for the other honeycomb cores.

Corresponding cell wall thicknesses were 0.001, 0.0015, 0.002, and 0.0025

inch.

Test Setup. - All panels were tested using the Gardner impact test machine

as illustrated in Figures A2 and A3. The honeycomb stiffened skin panels

were supported along their straight edges. The longeron/frame stiffened skin
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WEIGHT (2# or 4#)

HEIGHT (IN)
40 INCH MIAX

L TEST PANEL

IMPACT ENERrAv = HEIGHT X WEIGHT

FIGURE A2. GARDNER IMPACT MACHINE TEST SETUP
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panel was supported by its frames. Testing was accomplished by raising the

weight inside the impact machine to a predetermined height and releasing it.

The weight drops an- strikes a mandrel with a spherical nose (0.50 inch

diameter) which -acts the specimens. Impact energy (in-lbs) is the product

of the weight multiplied by the height from which the weight is dropped.

Test Results. - Impact energies of 50, i0, and 150 inch pounds were applied

to all panels. The depth of indentation was recorded for the honeycomb

stiffened skin panels, see Table Al. Depth of indentation ranged from 0.058

to 0.189 inch. For the longeron/frame stiffened panel, impact energies were

applied to the skin in an area centered between the longerons and frames and

also along the longeron attaching flange. Depths of indentation were less

than 0.010 inch along the longeron attaching flange for all applied impact

energies. In the centered area, between longerons and frames, indentations

were 0.038, 0.045 and 0.050 inch corresponding to impact energies of 50, 100

and 150 inch pounds. Figures A4 and A5 show a honeycomb stiffened skin panel

and the longeron/frame stiffened skin panel after testing.

None of the skins were ruptured at impact energies of 50, 100, or 150

inch pounds. In an attempt to obtain skin rupture, the two weights (2# and

4#) of the Gardner impact machine were combined and dropped from 33 inches to

obtain an impact energy of 200 inch pounds. The two weights separated during

the fall and impact energy was actually less than the combined weight times

height. This can be seen in Figure A4 for the -503 panel where the depth of

indentation for 200 inch pornds is 0.158 inch which is less than the depth of

indentation at 150 inch pounds of 0.171 inch. Thus, with the present setup

for the Gardner impact machine, 160 inch pounds is the maximum possible

impact energy (4# from 40 inches).

Rupture of the honeycomb face sheets was obtained by placing a 0.063 inch

diameter wire on the skin, under the spherical nosed mandrel and applying an

impact energy. Impact energy required for face sheet rupture is shown in

Table A2 for the honeycomb stiffened skin panels. The skin of the longeron/
frame stiffened skin panel could not be ruptured with the 0.063 inch diameter
wire at an impact energy of 160 inch pounds. In fact this impact energy did

not significantly mark the panel.I.427



TABLE Al

DETH OF INDENTATION FOR HONEYCOMB PANELS

CONFIGURATION -1 -501 -503 -505 -509 -511 -513 -515 -517 -519 -521

FACE THICKNESS (IN.) 020 .020 032 - 032 .040 .04(

CORE DENSITY (PCF) 3.1 3.4 4.3 5.2 3.4 4.3 5.2 3.1 3.4 4.3 5.2

CELL DIAMETER (IN.) .188 .250 .250 .188 .250 - 250

ENERGY (IN LB) INDENTATION (INCHES)

50 .094 .099 105 088 .073 .072 .079 .060 .065 058 .061

100 .138 .145 .154 .121 .113 .101 .117 .091 .100 .097 .099

150 .174 .189 .171 .147 110 .123 .147 .115 .129 .120 .118

TABLE A2

IMPACT ENERGY REQUIRED FOR HONEYCOMB FACE SHEET RUPTURE

SKIN THICKNESS CORE DENSITY IMPACTENERGY
CONFIGURATION INCHES PCF IN. L8

-1 .020 3.1 25

-501 34 25

- 503 4.3 25

-505 020 52 30

-509 032 34 40

-511 43 35

--513 032 52 48

-515 040 31 56

-517 34 56

519 43 56

521 040 52 68
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Data from Table Al for the honeycomb stiffened skin panels are graphically

shown in Figure A6 along with the data for the longeron/frame stiffened skin

panel. These data show that depth of indentation (1) increases as impact

energy is increased, (2) decreases as honeycomb cell size is decreased, and

(3) is not significantly affected with changes in core density at constant

cell size. The ratio of depth of indentation between the highest and lowest

impact energies was 1.32 for the longeron/frame stiffened skin panel. This

ratio averaged 1.82 for the honeycomb stiffened skin panels with a high of

2.07 and a low of 1.63. A decrease in the honeycomb cell size from 0.25 to

0.188 inch at core densities of 3.4 and 3.1 pcf produced less depth of

penetration than an increase in the core density at constant 0.25 inch cell

size to 4.3 pcf or 5.2 pcf for the 0.0 and 0.04 face sheets, respectively.

Core density change at constant cell size appears to have a significant effect

in reducing depth of indentation for the 0.020 inch face sheets but this

trend reverses for the 0.032 inch face sheets and is negligible for the 0.040

inch face sheets, at the maximum applied impact energy.

Figure A7 shows the effect of face sheet thickness on depth of indentation

for parametric variation in impact energ>. Data relevant to honeycomb core

are scattered within the bandwidths of impact energy for the honeycomb

stiffened skin panels. Therefore, parametric changes in core do not appear

to be as significant in reducing depth of indentation as changes in face

sheet thickness. The longeron/frame stiffened skin panel data fell well

below the honeycomb stiffened skin panel data.

Data from Table A2 are plotted in Figure AS which shows honeycomb face

sheet thickness as a function of impact energy required for skin rupture. At

honeycomb core densities of 3.1 to 4.3 pcf, there is little distlnctioll

between impact energies required to rupture the skin. These data are shown

by a bandwidth. However, an increase in the core density to 5.? p(f produced

a noticeable increase in impact energy required to rupture the skin.

In general, over the range of impact ener-jes aipl1ed, honeycomh s tif-

fened skin panels, regardless of the fdce sheet thickness, core density, or

cell size, were dented to an extent that rep,, r would probably be desired froi;
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an appearance point of view. Whereas, the longeron/frame stiffened skin

panel did not appear to be damaged to an extent that would require repair.

This is attributed to the fact that the bending stiffness of the honeycomb

stiffened skin panels supplied much more resistance to impact than the thin

0.040 inch thick skin supported by frames and longerons at 24.0 and 12.0

inches, respectively. Therefore, when deciding on the usage of honeycomb

stiffened skin panels in primary structure, close attention will have to be

given to the cost of repair due to foreign object damage in both manufacture

and service. This could be an overriding factor to the apparent weight

savings afforded by the honeycomb design concept. A typical type of impact

damage is shown in Figures A9 and AlO. The honeycomb panel was

clamped to a fixture as shown in Figure A9. When the C clamp was loosened,

a bearing plate free fell the length of the panel and impacted the 0.020

inch thick inner face sheet with about 50 inch lbs (0.50 pounds from 100

inches). The resultant face sheet rupture is shown in Figure A1O.
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Foreign Object Damage

Introduction. - Minimum PABST fuselage skin gages may be required to prevent

damage from foreign objects. As an aid toward establishing foreign object

damage criteria, a survey was made of the C-130, C-141, Atlantique, DC-8,

DC-9 and DC-1O aircraft to determine what skin problems, if any, were

encountered in service due to foreign object damage. This survey was used

as a guide toward establishing the minimum skin gage requirements for the

PABST conceptual studies.

Aircraft Service Data.

C-130: - The C-130 fuselage skin materials are 2024-T3 and 7075-T6 aluminum

alloy. The overall minimum skin gage used on the C-130 fuselage is 0.025

inch 7075-T6 aluminum alloy. Minimum skin gage for the fuselage lower

belly is 0.040 inch although this was later modified to 0.080 inch.

Data obtained at Warner-Robbins concerning foreign object damage on the

C-130 showed that some of the top fuselage skin gages were increased and

intercostals were added because of damage experienced by people walking on

the top of the aircraft fuselage. The escape hatch forward of the wing was

honeycomb at one time but was changed to conventional sheet metal construction

because of damage sustained by people walking on the escape hatch.

C-141: - The main landing gear doors and petal doors of trie C-141 are

aluminum honeycomb construction. These consist of an inboard and outboard

door stiffened by two to three inch deep honeycomb and aluminum face sheets.

The inboard door face sheet thikcness is 0.032 inch. The outboard door face

sheet thickness is 0.020 inch. During landing, the inside surface (.032 inch

thick face sheet) of the inboard door is under the belly of the aircraft and

exposed to foreign object damage. The petal doors are a box construction

consisting of an external and internal sandwich structure. Each of these

structures consists of about a half inch thick honeycomb core sandwiched

between 0.032 inch thick face sheets.
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Warner Robbins data on the C-141 with respect to the main landing gear

doors and petal doors showed that damage was experienced on the external skin

of the petal doors from work staiids, ladders, etc. The external skin thick-

ness was increased from 0.020 to 0.032 inch because of this damage. However,

the predominant problem on these doors was water entrapment and the resulting

corrosion. There was more trouble with the external sandwich structure than

the internal sandwich structure of these doors. There may also be a stress

problem with them. Some problems were experienced with the itiner skins

becoming delaminated due to people walking on them when checking the latches.

There has been little trouble with the inboard main landing gear door because

of foreign object damage during landing. This door is about 14 - 16 in.-hes

from the ground during landing and has 0.032 inch thick sheets. The outboard

main landing gear door experienced delaminations from people walking on it.

However, dings arc not usually made from people walking on the 0.020 inch

thick outboard main landing gear door face sheets. In addition to door

damage, wing damage was experienced on the leading edge that is fabricated

using sandwich construction with an 0.040 inch thick outer skin, that is

chem-milled to a minimum thickness of 0.020 inch. The primary cause of

damage has been from ladders and work stands. The skin gage was increased to

a constant 0.040 inch which apparently was still insufficient.

Atlantique: - The following data was obtained from FOKKER cotcerning the

sandwich structure of the Atlantique aircraft fuselage:

The greater part of Atlantique aircraft fuselage is sandwich-structure

with 0.5 mm (.0197 inch) face sheets, 1/4 inch cell size, and 0.0015

inch cell wall thickness. Same configuration is used on main under-

carriage doors and bomb doors. Small hatch doors have 0.4 mm (.016 inch)

faces.

All mentioned components suffered considerable damage from ground

handling by contact with steps, scaffolding, etc., during usage and

maintenance. Also, walking on fuselage caused damage. Aircraft are

used on well paved and clean runways, so stone damage only is very

limited. Experience with FOKKER aircraft operating from unpaved runways
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indicates that honeycomb structures suffer store damage in areas behind
and adjacent to undercarriage. As far as satisfactory configurations
are concerned, it is only known that the damage to the parts with thicker

faces 0.8 mm (0.0314 inch) and up has been less. However, these
components, such as stabilizers and wing panels, are on much less

vulnerable locations.

DAC Commercials: - The DC-8, DC-9 and DC-10 wing trailing edge panels are

honeycomb assemblies having face sheet thicknesses of 0.012, 0.016 and

0.020 inch. The flap vane is a honeycomb assembly with 0.016 inch thick

face sheets and 0.188 inch cell size honeycomb. The DC-10 horizontal stabil-

izer trailing edge has .020 inch face sheet stiffened by honeycomb. In

regards to the DC-8, DC-9 and DC-10 wing trailing edge panels, Douglas has

had no foreign object damage reported from the airlines.

Douglas Customer Service data, with regard to foreign object damage on

the DC-8, DC-9 and DC-10 showed that the flap vane receives damage from

foreign objects that are propelled by the wheels, but this damage is

repairable. The trailing edge of the DC-1O horizontal stabilizer his exper-

ienced no problems. Spoiler tabs and flap vanes of the DC-9 have no reported

history of foreign object damage.

The DC-1O floors are made from thin face sheets (0.004-0.020 inch) bonded

to nomex and balsa wood core having densities of 3 to 8 pcf. An extensive

development test program was performed in selection of these floors that

covered a wide spectrum of service life requirements (Cart Roller, Static
Bending and Shear, Concentrated load, Peel, Impact resistance, damage toler-
ance, etc.). To date, no major service problems have been found on the DC-10

floors because of foreign object damage.

Minimum Honeycomb Face Sheet Thickness: - Based solely on strength require-

ments, the honeycomb sandwich concept for the PABST ADP Component requires

face sheet thicknesses that are much less than those required for the
longitudinally stiffened skin ADP Component. Considerable service experience
has demonstrated that the longitudinally stiffened skin thicknesses are

adequate, if not more than adequate, to resist foreign object damage. However,
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some concern has been expressed over the resistance of the thin faced honey-

comb sandwich panel skins to foreign object damage. With reference to the

preceding aircraft service data, proposed minimum face sheet thicknesses for

the honeycomb sandwich concept are 0.020 inch for the interior surface and

0.032 inch for the exterior z..rface.

An 0.020 inch face sheet was selected as minimum for the interior skin

because in the C-15 it will be protected, for insulation purposes, by a

blanket material that consists of 4 inch thick batting (0.6 pcf) covered with

a tedlar aluminum and nylon material (0.0083 psf/side). The under floor

internal area of the fuselage may be vulnerable to damage from dropped

objects. However, maximum drop distance from the lower surface of the floor

to the interior skin is 29.5 inches. At this distance, the 4 inch blanket
will provide sufficient energy absorption to protect an 0.020 inch thick face

sheet against reasonable sized maintenance tools or foreign objects (about a

pound or less) that are dropped. The interior skin and side skin surfaces

above the floor are also protected by the blanket. Their physical position

relative to the floor minimizes the probability of foreign object damage.

The exterior minimum skin thickness was set at 0.032 inch in order to

minimize the damage that may occur when workmen are doing maintenance and

repair work. It is belieVE that 0.016 inch thick face sheet thickness is

adequate for walking on sandwich surfaces. This conclusion is based on the
fact that the DC-10 floors have 0.016 inch thick face sheets. Numerous tests

have been Londucted to establish that this thickness is adequate for flooring
of an aircraft with respect to human foot traffic. However, the probability
of dropped tools, ladders, and workstands impacting the exterior surface is

very high. Most exterior surfaces on the surveyed aircraft are 0.032 inch or
better in areas where maintenance and repair traffic are heavy. For this

reason, 0.032 inch thick exterior face sheets was proposed for the majority

of the fuselage. The fuselage belly outer surface is most vulnerable to
damage from foreign objects. This is especially so just aft of the nose

gear wheels. An exterior face thickness of 0.040 inch is proposed in this
area because of experience at FOKKER on landings on unimproved landing fields.
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Honeycomb Core Thickness Study

Summary. - Weighted average honeycomb core thickness for the PABST honeycomb

concept was determined to be 0.80 inch based on compression-shear interaction.

Minimum core thickness was determined to be 0.30 inch based on pressurization

requirements.

Purpose. - This study was conducted to determine the honeycomb core thickness

to be used for the PABST honeycomb concept.

Procedure. - Honeycomb core thickness is influenced by compression and shear

interaction on the surface of the fuselage shell and by pressure loads normal

to the fuselage shell. Structurally, it is advantageous to have constant core

thickness over the entire shell in order to minimize eccentricities and

simplify splices. In order to obtain this structural advantage without intro-

ducing a weight penalty, honeycomb core thickness selection was based on

consideration of the average load spectrum over the entire fuselage shell.

Evaluations were made to establish a representative core thickness whichJwould (1) resist pressure loads and (2) meet compression and shear interaction
requirements.

In order to quantify compression and shear interaction, nine check points

were select d along the fuselage length at fuselage stations 463, 655, and

887. Compression and shear loads that produced maximum interaction were

obtained for these check points from the YC-15 internal loads analysis.

Ultimate pressure load normal to the fuselage shell surface was 14.3 psi (2p)

based on the YC-15 criteria. With these loads for pressure, compression and

shear, core thickness was determined such that panel weight was minimum

subject to the constraints that minimum face sheet thickness was 0.016 inch

corresponding to a 24,000 psi hoop tension stress at limit pressure (Ip) and

that core density was 3.4 pcf which is adequate for face wrinkling, intercell

buckling, and flexural shear.

Pressure Loads: - Bending moments and flexural shears are introduced in the

fuselage shell around the circumference because of frame interaction with the

shell under applied normal loaas. These loads are maximum at the frames.
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Axial loads are introduced in the shell due to pressure at the ends of the

shell. The honeycomb core resists the flexural shear loads. The face sheets

resist the circumferential bending moments and the axial loads. Interaction

between these loads for the overall honeycomb panel is approximated by the

equation (Ra - Rb)2 + Rs2 = 1 0 where Ra , Rb ) and Rs are the stress ratios

(applied stress-to-allowable stress) for axial load, bending moment, and

flexural shear.

Applied loads of shear and bending moment were computed based on the

classical solution for a long cylinder subject to internal pressure. This

solution expresses the continuity between frame and shell. Thus, the

circumferential moment in the shell at the frames is

MO PR 2  (1 - 0.5P )

Et 1- + A R

2D + EA

where for honeycomb skin panels

= 2] 1/4

D = Etfh2

12 (1-v 2 )

t = 2tf

tf = Face Sheet thickness, in

and A = Area of Frame, in
2

E = Face sheet modulus of elasticity, in

h = Distance between face sheet centroids, in

p = Internal pressure, psi

R = Mean shell radius of curvature, in

P = Poissons ratio
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The circumferential shear in the shell at the frames is

Applied axial stress is given by the boiler formula.

0= .5pR/t

Allowable face sheet stress was taken as Ftu M 66,000 psi ("B" value) from

MIL-HDBK-5a for bare 2024-T3 aluminum material. Allowable shear stress was

taken as 230 psi from American Cyanamid data for 5056 aluminum core with

3.4 pcf density and 0.25 inch cell size.

Based on the interaction equation and the relationship for applied

shear, moment, and axial stress, applied shear stress was calculated to

produce zero margin of safety for variations in core thickness. Figure All

shows a plot of these data along with a plot of applied shear stress. The
intersection of the two curves gives the minimum core thickness for zero

margin of safety. This value is about 0.3 inch.

Compression and Shear Interaction: - For honeycomb panels, interaction is

given in MIL-HDBK-23a as Rc + Rs = 1.0 where Rc and Rs are the stress ratios

for compression and shear. Applied compression and shear loads are given in

Table A3 for the nine fuselage check points along with the core thickness and

face sheet thickness combination ,hich produced minimum panel weight with

zero margin of safety in the interaction equation. These values of core

thickness and face sheet thickness were obtained by an iteration procedure

which made use of the allowable loads shown in Figures Al2and A13 for compres-
sion and shear. Generally, minimum weight was obtained for the smallest face

sheet thickness which would meet the compression load requirements.

Figure Al4shows honeycomb panel weight plotted as a function of core

thickness for parametric variations in face sheet thickness. The relative

flatness of the weight curve for constant face sheet thickness is an indica-

tion that smallest face sheet thickness will give least weight. Weight

values for the nine check points are superimposed on the honeycomb panel

weight plot. Loads interaction criteria for most of the check points was
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satisfied with minimum face sheet thickness. Core thicknesses ranged from

0.3 to 0.8 inch. The two highest load conditions required 0.032 and 0.040

inch face sheets, respectively with 0.78 and 1.20 inch core thickness.

Based on the weight values and core thicknesses required for the nine

check points, a weighted core thickness for the fuselage shell was determined

as

9 9
hav = IiWihi/ 1Wi

Where W is the panel weight and hi is the core thickness for each of the

check points. Figure Al5 shows the core thickness for the nine check points

along with the weighted average core thickness which was 0.74 inch. For the

honeycomb concept study, the core thickness was taken at a constant 0.80 inch

for the entire fuselage shell.
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TABLE A3. HONEYCOMB PANEL REQUIRED FOR MINIMUM WEIGHT

FUSELAGE
STATION 463-- - 655 -887
CHECK
POINT 1 2 3 4 5 6 7 8 9

COMPRESSION 277 300 126 559 570 458 267 659 1095
LOAD, #/IN ___ __ ______SHEAR
LOAD, #/IN 195 378 13 91 266 339 15 2163 639

MINIMUM CORE
THICKNESS FOR .49 .72 .30 .50 .75 .77 .30 1.21 .78
ZERO M.S., IN

FACE SHEET 016 .016 .016 .016 .016 .016 .016 .040 .032
THICKNESS, IN ___ ______ ___

PAEL WEIGHTPSF 604 .670 .550 .607 .670 683 .550 1.506 1.152

300!

ALLOWABLE STRESS FOR
MARGIN OF SAFETY = 0.

S200-

V) APPLIED STRESS FOR P = 14.3 PSIui t = .032 IN
R = 108 IN
AFRAME = .6 IN2S100-ICC 10.7 X 106 PSI

in MINIMUM CORE THICKNESS

0 J

0 .2 .4 .6 .8 1.0

CORE THICKNESS - INCHES

FIGURE All. MINIMUM CORE THICKNESS REQUIRED FOR FUSELAGE PRESSURE
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FIGURE A12. HONEYCOMB PANEL COMPRESSIONJ LOAD CAPABILITY
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FIGURE A13. HONEYCOMB PANEL 5HEAR LOAD CAPABILITY
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FIGURE A14. HONEYCOMB PANEL WEIGHT FOR VARIATIONS

IN CORE THICKNESS AND FACESHEET THICKNESS
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FIGURE A15. CORE THICKNESS REQUIRED FOR COMPRESSION/SHEAR INTERACTION
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Honeycomb Edge Member Trade Study

Summary. - Four edge member concepts; high density core, potted edge, solid

bar, and channel section were evaluated based on weight, reliability and cost.

The solid bar concept was selected as the design concept because of its

reliability and low cost.

Purpose. - This trade study was conducted to determine the most efficient

edge member design for honeycomb skin panels with respect to weight, relia-

bility, and cost. The concepts evaluated are shown in Figure A16. The) are

(1) high density, 55 pounds per cubic foot, honeycomb core, (2) potted edge,

(3) solid bar, and (4) channel section. Two potted edge member designs

were considered; (a) solid potting compound and (b) low density core filled

with potting compound. For the solid bar edge member, alternate concepts

were considered with extruded and machined slots to reduce the weight. Both

extruded and sheet metal channel sections were evaluated. For cost purposes,

the edge member concepts were assumed to tie to the face sheets through a two

layered stepped doubler arrangement. Three doubler concepts, shown in

Figure Al7were cost evaluated; chem milled doublers integral with the skin,

separate chem milled doubler bonded to the skin, and two doublers separately

bonded to the skin.

Fastener Selection. - Qualitative evaluations were made of the honeycomb edge

concepts (high density and potted edge) to determine fastener installation

problems. Specimens were manufactured from 0.80 inch thick high density

honeycomb core sandwiched between face sheets having thicknesses ranging

from 0.020 to 0.050 inch with corresponding edge doubler thickness. Lock-

bolts, Hi-Loks, and AD rivets were installed in these specimens to simulate

actual production fastener installations. The lockbolts were installed with

and without washers under the heads and collars. Table A4 shows the results

of these tests. Of the three fasteners, Hi-Loks were determined to be the

only acceptable fastener. The rivets expanded in the core and had small

upset heads. Lockbolt installation produced dimpling of the thin face sheets.

Specimens were made with potted edges in place of the high density core which

produced similar results. Hi-Loks proved to be the acceptable fastener for

the potted edge concepts.
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FIGURE A16. HONEYCOMB PANEL EDGE MEMBERS
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-CHEM MILLED SKIN/DOUBLER
(ONE PIECE)
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(TWO PIECES)

SKIN AND LAMINATED DOUBLER
(THREE PIECES)

FIGURE A17. EVALUATED SKIN AND DOUBLER CONFIGURATIONS
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TABLE A4. FASTENER INSTALLATION IN HIGH DENSITY HONEYCOMB CORE (0.80 INCH THICK)

ITEM DESCRIPTION FASTENERS WASHERS COMMENTS RATING
FACE SHEET DOUBLERS 0.188" DIA 77

1 .020 .020 AD Rivet None Rivets expanded in core U
which resulted in small
upset head

2 Lockbolt None Dimpled face sheets U
3 .020 .020 Hi-l ok None No Dimpling A

4 .025 .025 Lockbolt None Dimpled face sheets U
5 Lockbolt .032 Dimpled face sheets U
6 Lockbolt .063 Dimpled face sheets U
7 .025 .025 Hi-Lok None No dimpling A

8 .032 .032 Lockbolt None Slightly dimpled face U
sheets

9 Lockbolt .032 Slightly dimpled face U
sheets

10 Lockbolt .063 Slightly dimpled face U
sheets

11 .032 .032 Hi-Lok None No dimpling A

12 .040 inner .040 inner Lockbolt None Slightly dimpled face U
.050 outer .050 outer sheets

13 Lockbolt .032 Slightly dimpled face U
sheets

14 Lockbolt .063 Slightly dimpled face U
sheets

15 .040 inner .040 inner Hi-Lok None No dimpling A
.050 outer .050 outer

(1) A AcLertable
U Unacceptable

TABLE A5. WEIGHT COMPARISON BETWEEN EDGE MEMBER CONCEPTS

WEIGHT WEIGHT RATIO PANEL WEIGHT RELATIVE PANEL WEIGHT
CONCEPT wib PSF Pi/Pb

SOLID BAR 1.45 1.27 1.26 1.07

SOLID BAR/SLOTS 1.14 1.00 1.18 1.00

HIGH DENSITY CORE 0.46 0.40 1.01 0.86

POTTED EDGE 0.42 0.37 1.00 0.85

CHANNEL SECTION 0.30 0.26 0.96 0.81

Wi = Concept Weight
Wb = Base Weight (Solid bar with slots)
Pi = Panel Weight
Pb = Base Panel Weight (Solid bar with slots)
PPF = Pounds per foot
PSF = Pounds per square foot
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Weight. - Edge member concepts were evaluated for weight potential with

respect to each other and with respect to impact on the total honeycomb panel

weight. Results of this comparison are shown in Table A5. The concept

ratings from least weight to most weight are channel section, potted edge,

high density core, solid bar with slots, and solid bar. The least weight

edge member concept, the channel section, is 74 percent lighter than the

extruded solid block with slots, based solely on edge member weight. With

respect to overall honeycomb panel weight for the entire study fuselage,

this weight difference is 19 percent.

Reliability. - In regard to reliability of the edge member concepts, the

concepts in order of preference were rated solid bar, potted core, high

density core, and channel section. Solid bar was preferred because fastener

installation was similar to conventional structure which has performed well

in the past. Potted core has been used successfully, but care must be taken

to provide proper proportioning, mixing, and application oT the potting com-

pound. Too high fastener torque can produce cracking of the potting compound

which is uninspectable. There was a high degree of reluctance to install

fasteners in honeycomb with low or high density core because this provides

an entry point for moisture. The moisture freezes at reduced temperatures

and gradually opens additional entry points for moisture. The final result,

caused by repeated aircraft climb and decent is delamination of the bond and

in some instance corrosion of the core or face material. The channel section

concept required blind lockbolt fasteners which are always suspect from a

reliability point of view since they cannot be inspected.

Cost. - Cost analyses were performed for the three solid bar concepts, the

two channel section concepts, and the two potted edge concepts. All concepts

were evaluated with the three skin/doubler approaches. These costs are shown

in Table A6 expressed in 1976 dollars for both labor and material. Labor

costs are broken down into four categories; fabrication, bond assembly,

mechanical, assembly, and tooling. Material costs are shown for the edge

member, skin/doubler, and fasteners. Quality assurance was evaluated for

each configuration. No significant quantitative cost difference existed

among the configurations so this cost was omitted.
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Fabrication costs included a single edge member 196 inches long located

in the non-constant section of the fuselage. Only the outside skin of the

honeycomb panel and the two adjacent doublers were considered for fabrication.

All the necessary heat treatment, cutting, machining, forming, and checking

operations are included in the fabrication estimate.

Bond assembly includes the edge member, inside and outside skin and

doublers, and honeycomb core. Mechanical assembly includes drilling, fitting

and installation of fasteners for two panels with a joint 196 inches in the

longitudinal direction of the non-constant section of the fuselage. Two rows

of fasteners 1.0 inch on center were considered. Fasteners were installed

dry.

Tooling costs include design and fabrication necessary for one ship-set

of tools to support fabrication, bond assembly and mechanical assembly.

Material costs include edge members, outside skin and two adjacent

doublers, and fasteners used to join two panels 196 inches long. It does

not include the honeycomb core, inside skin and doubler, interior or exterior

splice doublers, and the adhesives for hot or cold bond.

Results of the cost analyses show with regard to skin and doubler

arrangement that the integrally chem milled doubler is the lowest cost of

the three arrangements. With regard to edge concepts, the potted core concept

is more costly than the solid bar concept because of the high cost of mech-

anical assembly for Hi-Lok fasteners (about 70 percent of the total cost).

In addition, it is concluded that the high density core concept cost would

be almost as high as the potted core concept because it also requires Hi-Loks.

Difference: in costs between potted edges and high density core are primarily

in fabrication and bond assembly operations. The channel section edge member

was the most costly primarily because blind lockbolts were considered for

joining the panels. These fasteners are harder to install than lockbolts.

Also, the channel section concept requires twice as mauy fasteners.
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Conclusions. - Based on the results of the weight, reliability, and cost

analyses, a methodology was established to rank the four edge member concepts.

A merit factor was assigned to each analysis which expressed its relative

importance in percent to the program. These merit factors were 10 percent

for weight, 45 percent for reliability, and 45 percent for cost. The four

edge member concepts were assigned a value of 1 to 4, with the lowest value

assigned to the best in each category. The product of this assigned value

and the merit factor gave weight, reliability, and cost factors which were

summed to obtain a cumulative factor. The lowest sum was the best overall

edge member concept. In Table A7, the best edge member concept is shown to

be the solid edge member with slots.

TABLE A7. CONCEPT EVALUATION AND RANKING

CONCEPT WEIGHT RELIABILITY COST WEIGHT RELIABILITY COST UMMULATIVE
RATING RATING RATING FACTOR FACTOR FACTOR RANKING

Solid Edge/Slots 4 1 1 .4 .45 .45 1.30

Potted Core 2 2 3 .2 .90 1.35 2.45

High Density Core 3 3 2 .3 1.35 .90 2.55

Channel Section 1 4 4 .1 1.80 1.80 3.70
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External Longeron Evaluation

Summary. - Six different cross sectional longeron shapes were evaluated with

respect to manufacture, assembly, inspection, repair and fail-safe consider-

ations for the external longeron fuselage concept. From this group, three

were selected for aerodynamic study: plain tee, bulb tee and faired longerons.

This study indicated a lower rruise drag penalty would be incurred by the

faired longeron for the extertI~d longeron fuselage concept. However, the

plain tee and bulb tee longerons still had an overall advantage with respect

to ease of manufacture, assembly, inspection and repair and were chosen for

further strength evaluation. From this analytical investigation, the bulb

tee longeron was selected for the external longeron fuselage concept.

Purpose. - Various longerons were evaluated to determine the preferred cross-

sectional shape for the external longeron fuselage concept.

Shape Selection. - Six different longeron cross-sectional shapes were evaluated

with respect to manufacture, assembly, inspection, and fa,- ' Ife conditions.

These evaluations are summarized in Table A8. Based on these evaluations, two

candidates were selected as most promising for aerodynamic investigation:

A plain tee section and a faired I-section.

Aerodynamic Study: - The aerodynamic effects of the external longerons on low-

speed stability and performance (lift) characteristics were evaluated using

the .06-scale YC-15 powered Model LB-368C in the NRC 30-foot V/STOL wind

tunnel. The longerons consisted of T-shaped plastic extrusions located on

the exterior surface of the model as shown in Figure A18. Adjustment of

longeron height for the difference in boundary layer thickness between wind

tunnel and flight conditions (tunnel Reynolds number is lower than flight)

was also made. The equivalent full-scale heights of the two longeron sizes

thus selected were 1.0 and 1.67 inches. Regardless of thrust level or flap

deflection, the longerons had no measurable effect on the aircraft lift

characteristics. They also had little or no effect on longitudinal stability.

The effect of the longerons on the wing dihedral was insignificant.

The effect of the longerons on directional stability characteristics was
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evaluated. A slight difference with and without the longerons was noted.

The directional stability level is generally reduced by the addition of the

longerons, but the reduction is not considered to be significant.

The NRC 30-foot tunnel force balance system is designed to withstand the

large axial (drag) forces associated with powered high-lift models. Cruise-

configuration drag levels at high thrust settings exceed normal operating

cruise drag levels by a factor of nearly 30; thus, the sensitivity level of

this force balance precluded any meaningful measurement of the cruise drag

penalty associated with the external longerons. Consequently, the cruise

drag penalty has been estimated by the conventional Douglas analysis method.

for the plain tee section longeron as follows: First, the basic parasite

drag of the longerons is accounted for as flat-plate skin friction drag,
based on the additional exposed wetted area and Reynolds number at cruise

conditions. Second, the longeron splices (series of protruding bolt and nut
heads) are accounted for separately by applying frontal-area drag coefficients
and shielding factors from Hoerner. Dynamic-pressure variations due to the

fuselage boundary layer have been included also. Third, crossflow effects

(drag increase caused by the local flow passing over the longerons at an angle)

were estimated by applying correlations of experimental data on plates inclined

to the local flow (Hoerner), together with corrections for variations in local

dynamic pressure. The flow field over the fuselage was calculated by the

Douglas three-dimensional lifting potential flow program, and streamlines

approximately one inch off the fuselage surface were computed to determine

the local flow angularity along each longeron. Inasmuch as the drag assoc-

iated with crossflow is quite sensitive to small changes in local flow

angularity and since the effective longeron aspect ratios are small (normally

characterized by a marked decrease in lift curve slope), a range of values

for this component of the drag has been estimated.

The resulting total parasite drag area at cruise conditions for the

external longerons ranges from a minimum of 1.57 sq. ft. to 3.23 sq. ft., the

difference being a measure of the sensitivity of the crossflow term. This

represents a penalty of about 2.1 percent to 4.4 percent of the total aircraft

cruise drag.
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The impact of a drag penalty of this magnitude on aircraft performance is

readily apparent when presented in terms of an equivalent weight penalty.

Such penalties are mission-dependent. Based on YC-15 performance ground

rules, the equivalent weight penalty (weight savings required to offset the

drag of the external longerons and maintain equivalent performance) for the

basic STOL design mission (27,000 pound payload, 400 N.Mi. radius, 2000-foot

field length) ranges from 283 pounds to 582 pounds. In terms of ferry range,

this penalty increases by an order of magnitude. The ferry range equivalent

range) ranges from 3000 pounds to 6140 pounds.

Similarly, the cruise drag penalty was estimated for the faired longeron

configuration based on YC-15 performance ground rules. The equivalent weight

penalty for the basic STOL mission was 54 pounds to 172 pounds at 400 n.m.

range. The ferry range equivalent weight penalty was 570 pounds to 1810

pounds. Added to these penalties would be the weight of the fairings.

From these evaluations of the external fuselage longeron concept, a

summary of results are as follows: The longerons had little or no measurable

effect on airplane lift characteristics or longitudinal sLability. Likewise,

the longerons had no significant effect on static directional stability or

dihedral effect. The estimated total cruise drag penalty is shown in

Table A9. The expected nominal operational life was calculated in order to

apply the fairing weight penalty. The fairing weight penalty was determined

over the operational life of the YC-15 airplane. Thus the total weight

penalty for the longeron configuration was determined.

Strength Evaluation: - The plain tee and bulb tee section longerons were

selected over the faired longeron due to the complexity of manufacturing,

assembly installation, inspection, and repair of the faired longeron. These

complexities outweighed the aerodynamic drag considerations. The plain tee

and bulb tee were analyzed for compression strength-to-weight ratio, based on

a computerized solution of the Euler-Engesser column stability equation.

Figure Al9shows these results along with the results for a J-section longeron

used on the internal longeron fuselage concept.
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100 SKIN MATERIAL - .050 7475 -T6 ALUMINUM

LONGERON MATERIAL - 7075 -T6 ALUMINUM
90- FRAME SPAC'oING - 24 IN.

LONGERON SPACING - 12 IN.
80

J-SECTION

70-

~60

BULB TEE-SECTIONI

~50

~40
PLAIN TEE-SECTION

~30

20

10

1.0 2.0 3.0 4.0 5.0 6.0 7.0 8.0 9.0 10.0 11.0

WEIGHT (LB/IN X 102)

FIGURE A19. LONGERON COMPRESSION STRENGTH
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Conclusion. - From the evaluation of the six different longeron cross

sectional shapes, the bulb tee angle was chosen for the external longeron

fuselage concept. This cross sectional shape had advantages equal to or

greater than the other proposed shapes when evaluated for ease of manufacture,

assembly, repair, inspection and simplicity of fail-safe design. Aerodynamic

weight penalty was incurred for the bulbed tee section, but the other

advantages outweighed this disadvantage. The strength of the bulb tee section

shape was higher than the strength of plain tee section shape. It approached

the strength allowables of the J-section shape (internal longeron concept).
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Internal Longeron Shape Study

Two groups of longeron sections (Z's and J's) were evaluated for

application to the PABST bonded fuselage. The Z-section was considered

first (baseline case) with proven advantages of adequate strength with

minimum installed cost, i.e., a single row of mechanical fasteners joining

the longeron to the skin.

The J-section longeron was selected for the bonded new design concept

for several reasons:
o The symmetrical flange on the J-section minimizes peel action and

loads on the bonded interface. The Z-section causes high unacceptable peel

loads at the junction of the vertical leg and the bonded flange when shear

wrinkles are present or compression buckling occurs.
0 The synetrical flange on the J-section permits balanced tapered

flanges to provide a relatively flexible flange in the transverse direction

which minimizes peel loads on the adhesive bond line.
O The J-section with summetrical flanges has been successfully bonded

in the autoclave with minimum variations in bond line thickness. The Z-section

exhibited a tendency to rotate during the bonding cycle resulting in greater

variations in bond line thickness.

The height for the longeron was bounded on the lower side by the minimum

required for longeron splices and for attaching the frame shear clip (1.25 in.).

Generally, increased height is desireable for improving the section properties

which directly influence compressive stability allowables. However, since the

AMST fuselage is relatively short and large diameter, the required longeron

area for most of the fuselage is low and further constrained by minimum

thickness, i.e., increased height results in a weight penalty except for

three highly loaded longerons (1-9, L-1O, & L-15).

Additionally, deeper shear clips (tees) are required resulting in even

greater weight penalties.

The selected longeron height for the internal longeron bonded concept is

1.25 inch.
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CONCLUSIONS

During Phase Ib, varieties of design concepts were investigated to

arrive at a configuration for the large forward fuselage component that would

be designed in Phase II, fabricated in Phase Ill and tested in Phase IV.

Based on these investigations, a concept was selected consisting of internal

longerons in the upper fuselage and external longerons below the floor. On

a manufacturing cost basis, the internal and external longeron concepts are

approximately equal. Although the external longeron presently has a drag

penalty due to crossflow, the lack of entrapment of bilge fluids below the

floor, justifies its use in that area. Honeycomb was not considered for the

large component due to the high costs associated with repair and the cost

of non-destructive inspection.

Phase Ib also identified a new series of environmental and cycle eval-

uation tests. A large number of coupon, specimen and large panel tests were

conducted in Phase Ib to provide test data for the detail design of the

concepts.

During Phase II, a series of tests will be made to determine the

preconditioning, test environment, load rates and cycle that will simulate
"real life" conditions. These tests will include more wedge crack, lap shear,

peel, thick adherend, double cantilever, neat adhesive and RAAB specimens.

Testing similar to Phase Ib will be accomplished to provide additional design

data of the design concept and evaluate design refinements.

A non-circular pressurized shell structure with a door opening repre-

sentative of the forward fuselage will be fatigue tested. In addition,

shear plus compression panels will be cycled with and without representative

real live cyclic environment.
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